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ABSTRACT

A new carbon fiber composite flap was designed and analyzed for the Cirrus SF50. This
new flap will replace the existing aluminum flap and has the potential to save 5.30 Ibs per
aircraft. The new flap has the same OML profile as the existing flap and the same hinge
locations. This allows the new flap to be either an upgrade option for customers or a
supplemental type certificate (STC) option for aircraft in the field. The flap was designed with
the same spar location and similar rib locations which allow existing tooling to be used for
assembly. The design was analyzed to the static and damage tolerance requirements specified in
14 CFR Part 23. The loads that were utilized for the analysis were calculated using the method in
14 CFR Part 23 Appendix A. The loads are conservative since they consider a load factor of 3.6
instead of 2.2, this was done to make the design and analysis future proof. Since a significant
portion of the structure uses minimum gauge layups (2 core 3, 4 ply solid), the weight increase
from using the significantly higher load factor is minimal. The flap design and analysis are
considered future proof because the loads used will be greater than the required loads if the SF50
were to have either a gross weight increase, a deployment speed increase, a deployment angle

increase, or all in combination.
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CHAPTER 1

INTRODUCTION

Aircraft are constantly being updated with lighter, stronger, and cheaper parts. There is a
large market for supplemental type certificate (aftermarket) items for general aviation aircraft.
The Cirrus Vision Jet, SF50, is a new aircraft so this market is sparse. The aircraft uses
aluminum sheet metal control surfaces and flaps where the rest of the aircraft is made from
carbon fiber. There is the potential to re-design and certify the SF50 flap using a carbon fiber
bonded assembly that will reduce the weight of one flap by 2.65 Ibs and the aircraft weight by
5.30 Ibs. Using carbon fiber may also reduce manufacturing cost but this is an unknown since
Cirrus has not released its cost data. This thesis presents the design and analysis for a new carbon

fiber flap that is certifiable to 14 CFR Part 23.

1.1 Overview

1.1.1 Design Requirements

This flap is a carbon fiber composite flap, designed to replace the existing aluminum flap
on the SF50 aircraft. The first requirement for the flap is that the new flap must have the same
profile and hinge locations. This will allow it to be easily interchanged with the current flap. The

carbon flap will be either an aftermarket STC item or as an upgrade option for new customers.



The second requirement is that it must be certifiable under 14 CFR Part 23 (Federal Aviation
Administration, 2016); thus, the flap must meet all the necessary static strength and stability
requirements in addition to all the damage tolerance requirements for a composite structure. The
third requirement is that the flap must be easily manufacturable. This requirement does not have
a physical quantity to measure to without going into detailed manufacturing planning. One thing
that will help is to be able to use some of the same assembly tooling as the current flap. To do
this, the spar, hinge and rib locations must be in the same place as the current design. The final
requirement of the flap is that it must be lighter than the existing flap which weighs

approximately 31.16 Ibs.

1.1.2 SF50 Overview

The Cirrus SF50, also referred to as the Vision Jet (see Figure 1), is the first single engine
jet to be certified by the FAA under Part 23 for civilian use. The SF50 received Part 23 type
certification on October 28, 2016 (Huber, 2016) and the first delivery occurred on December 19,
2016 (Tulis, 2016). At the time of certification, Cirrus reported to have over 600 orders. The base
model is listed at $1,960,000 (Huber, 2016). The SF50 airframe is mostly carbon fiber composite
bonded with adhesive. The aircraft has a maximum takeoff weight (MTOW) of 6,000 pounds
and seats a maximum of five adults and two kids (Cirrus Aircraft, 2016). The aircraft features an
airframe parachute (CAPS) which will safely lower the aircraft to the ground in the event of an
emergency. The aircraft uses a VV-tail instead of a conventional tail, T-tail or cruciform tail that
other smaller aircraft use. The SF50 is powered by the Williams FJ33-5A turbine engine which
produces about 1,846 Ibs of thrust (Cirrus Aircraft, 2016). The engine is mounted on the top of

the aircraft, and the exhaust is directed between the two stabilizers.



Figure 1 - Cirrus SF50, ""Vision Jet™ (Cirrus Aircraft, 2017)

The SF50 has a height of 10.9 feet, a length of 30.7 feet, and a wingspan of 38.7 feet
(Cirrus Aircraft, 2016) as shown in Figure 2. The aircraft has a total wing area of 195.7 square
feet and a flap area of 20 square feet (Cirrus Aircraft, 2016). The maximum operating altitude is
28,000 feet above mean sea level (MSL), and maximum cruise speed is 300 knots true airspeed
(KTAS) (Mach 0.6).

SF50 development began in 2006 with anticipated first deliveries to be made in 2012
(Grady, 2009). Cirrus marketed the jet as the slowest, lowest and cheapest jet available. The first
prototype SF50 took flight on July 3, 2008 (Pew, 2008). Based on flight testing, some
aerodynamic changes were made and Cirrus began working on three conforming prototypes.
Development slowed during the financial crisis of 2008 and 2009. In April of 2012, Cirrus
announced that the company had been purchased by China Aviation Industry General Aircraft
(CAIGA) and the SF50 would continue its development (Hirschman, 2011). Cirrus flew three
conforming prototypes in 2014 with first flight dates of March 24, November 25, and December

20 (Cirrus Aircraft, 2014). Development continued, and Cirrus announced Part 23 type



certification was received on October 28, 2016. The SF50 received its production certification on

May 2, 2017.

30.7 ft =— Lk

f “P=——=d]
38.7#t

Figure 2 - SF50 Measurements (Cirrus Aircraft, 2016)

The SF50 has a stall speed of 67 knots with full flaps, international standard atmosphere
(ISA) conditions and at its maximum landing weight of 5,500 pounds. The 50% flap extension
speed is 190 knots calibrated airspeed (KCAS), and the 100% flap extension speed is 150 KCAS.
The 50% extension angle is 15°, and the 100% extension angle is 42° (Cirrus Aircraft, 2016) as

shown in Figure 3.

Figure 3 - SF50 Flap and Flap Driveline in Deployed State
The aircraft uses a combination of a Fowler and slotted flap. The SF50 flap is a single

piece flap that pivots along a hinge line which is located below the wing. The total area of the

SF50 flap is 10 square feet per side. The flap is driven by a torque tube that moves a pushrod that



rotates the flap about its hinge line. The current SF50 flap is an aluminum sheet metal structure

that is riveted together.

1.1.3 CFRPart23

CFR Part 23 is a set of rules, regulations and airworthiness standards for smaller aircraft.
Part 23 governs normal, utility and aerobatic aircraft seating 9 or fewer passengers, and an
MTOW of 12,500 pounds or less. Part 23 also governs commuter category aircraft which are
defined as multiengine airplanes, seating 19 or less passengers and with an MTOW of 19,000
pounds or fewer. Part 23 defines a wide variety of regulations including structural loads,
structural standards, flight test standards and systems standards. Since the SF50 is type certified
under 14 CFR Part 23, the author used applicable regulations from this Part as guidance for his
design and analysis.

The SF50 is type certified in the United States under Part 23, in Europe under CS23, and

in Australia by the Civil Aviation Safety Authority.
1.1.3.1 Applicable Regulations

The following regulations from 14 CFR Part 23 are ones that the author used as guidance

for the design and analysis of the SF50 composite flap.
14 CFR Part 23 Subpart C — Structure
§23.303 - Factor of Safety
Unless otherwise provided, a factor of safety of 1.5 must be used.

823.305 — Strength and Deformation



(a) The structure must be able to support limit loads without detrimental, permanent deformation

at any load up to limit loads, the deformation may not interfere with safe operation.

(b) The structure must be able to support ultimate loads without failure for at least three seconds,
except local failures or structural instabilities between limit and ultimate load are acceptable only
if the structure can sustain the required ultimate load for at least three seconds. However, when
proof of strength is shown by dynamic tests simulating actual load conditions, the three second

limit does not apply.
§23.307 — Proof of Structure

(a) Compliance with the strength and deformation requirements of §23.305 must be shown for
each critical load condition. Structural analysis may be used only if the structure conforms to
those for which experience has shown this method to be reliable. In other cases, substantiating
load tests must be made. Dynamic tests, including structural flight tests, are acceptable if the

design load conditions have been simulated.
§23.573(a)(5) — Proof of Structure

(a) Composite airframe structure. Composite airframe structure must be evaluated under this
paragraph instead of §23.571 and §23.572. The applicant must evaluate the composite airframe
structure, the failure of which would result in catastrophic loss of the airplane, in each wing
(including canards, tandem wings, and winglets), empennage, their carry through and attaching
structure, moveable control surfaces and their attaching structure fuselage, and pressure cabin
using the damage-tolerance criteria prescribed in paragraphs (a)(1) through (a)(4) of this section
unless shown to be impractical. If the applicant establishes that damage-tolerance criteria is

impractical for a particular structure, the structure must be evaluated in accordance with



paragraphs (a)(1) and (a)(6) of this section. Where bonded joints are used, the structure must also
be evaluated in accordance with paragraph (a)(5) of this section. The effects of material variability
and environmental conditions on the strength and durability properties of the composite materials

must be accounted for in the evaluations required by this section.

(5) For any bonded joint, the failure of which would result in catastrophic loss of the
airplane, the limit load capacity must be substantiated by one of the following methods—
(i) The maximum disbonds of each bonded joint consistent with the capability to
withstand the loads in paragraph (a)(3) of this section must be determined by analysis,
tests, or both. Disbonds of each bonded joint greater than this must be prevented by
design features; or
(ii) Proof testing must be conducted on each production article that will apply the
critical limit design load to each critical bonded joint; or
(iii) Repeatable and reliable non-destructive inspection techniques must be established
that ensure the strength of each joint.

14 CFR Part 23 Subpart D — Design and Construction
§23.603 — Materials and Workmanship

(a) The suitability and durability of materials used for parts, the failure of which could adversely

affect safety must -
(1) Be established by experience or tests;

(2) Meet approved specifications that ensure their having strength and other properties assumed

in the design data; and



(3) Take into account the effect of environmental conditions, such as temperature and humidity

expected in service.
823.613 — Material Strength Properties and Design Values

(a) Material strength properties must be based on enough tests of material meeting specifications

to establish design values on a statistical basis.

(b) Design values must be chosen to minimize the probability of structural failure due to material
variability. Except as provided in paragraph (e) of this section, compliance with this paragraph
must be shown by selecting design values that ensure material strength with the following

probability:

(1) Where applied loads are eventually distributed through a single member within an assembly,
the failure of which would result in loss of structural integrity of the component; 99 percent

probability with 95 percent confidence [A-basis].

(2) For redundant structure, in which the failure of individual elements would result in applied
loads being safely distributed to other load carrying members; 90 percent probability with 95

percent confidence [B-basis].

(c) The effects of temperature on allowable stresses used for design in an essential component or
structure must be considered where thermal effects are significant under normal operating

conditions.

(d) The design of the structure must minimize the probability of catastrophic fatigue failure,

particularly at points of stress concentration.

(e) Design values greater than the guaranteed minimums required by this section may be used

where only guaranteed minimum values are normally allowed if a “premium selection” of the



material is made in which a specimen of each individual item is tested before use to determine that

the actual strength properties of that particular item will equal or exceed those used in design.
§23.619 — Special Factors

The factor of safety prescribed in §23.303 must be multiplied by the highest pertinent special
factors of safety prescribed in §23.621 through 823.625 for each part of the structure whose

strength is -
(@) Uncertain;
(b) Likely to deteriorate in service before normal replacement; or

(c) Subject to appreciable variability because of uncertainties in manufacturing processes or

inspection methods.
§23.623(a) Bearing Factors

(a) Each part has clearance (free fit), and that is subject to pounding or vibration, must have a

bearing factor large enough to provide for the effects of normal relative motion.
§23.625 Fitting Factors

(a) For each fitting whose strength is not proven by limit and ultimate load tests in which actual
stress conditions are simulated in the fitting and surrounding structures, a fitting factor of at least

1.15 must be applied to each part of -
(2) The fitting;
(2) The means of attachment; and

(3) The bearing on the joined members.



(c) For each integral fitting, the part must be treated as a fitting up to the point at which the

section properties become typical of the member.

823.701 Flap interconnection.
(a) The main wing flaps and related movable surfaces as a system must—
(1) Be synchronized by a mechanical interconnection between the movable flap surfaces that
is independent of the flap drive system; or by an approved equivalent means; or
(b) The airplane must be shown to have safe flight characteristics with any combination of extreme
positions of individual movable surfaces (mechanically interconnected surfaces are to be

considered as a single surface).
1.1.3.2 Compliance Methods

Compliance with the regulations specified in the previous section would be shown using
four different methods: static analysis, damage tolerance analysis, static testing and damage
tolerance (cyclic) testing. Each of these would be separate reports that would require submittal to
and approval from an aircraft certification office (ACO). The static and cyclic tests would each
require a test plan and test report.

Each test plan needs to be submitted and approved by the ACO. The ACO has 30
calendar days from document submittal to respond to the test plan. Testing may begin before the
plan is approved, but it is done so “at risk.” Any testing that is completed before ACO approval
may be considered null if the test plan is not approved by the ACO. It is ideal to get the test plan
into the ACO as early as possible.

In the static analysis report, an applicant submits analytical substantiation for the
structure that they are certifying. This is done using a combination of classical hand stress

analysis and finite element analysis. In this report, each part should be briefly described. This

10



includes the general geometry (a picture is usually shown), part/assembly numbers as well as
information on the material it is made from. The critical load condition, predicted failure mode
and minimum margin of safety is stated. If the static test margin of safety is higher than the
minimum margin, this should be stated. An example statement is provided below:

“The FLS 60.0 Rib is constructed from T70SC-12K-50C/#251 plane weave

carbon fabric. The rib is bonded to the spar, upper skin and lower skin using

Huntsman 100 A/C adhesive. The rib is bolted to the Middle Flap Hinge and

FLS62.0 Rib using six NAS6704-8 Fasteners.

The critical load condition for the rib is Upward Pressure Loading. The minimum

margin of safety is +0.15 at ultimate with a fitting factor for bond shear. In the

static test, a 2” Teflon bond defect was included in the bondline. The bond failed

at +0.18 of ultimate load for the Upward Pressure Load Condition.”

In the damage tolerance analysis report, an applicant submits analytical substantiation for
the structure that they are certifying which shows the level of damage that the structure can
withstand. For damage tolerance analysis, on limit loads need to be considered. Typically for
bonded structures, each bondline would be “unzipped,” and a static analysis and buckling
analysis would be run. Bondlines are considered a joint that bonds two structural members
together with adhesive. Bondline lengths are considered between design features, such as ribs or
fasteners, which typically prevent further crack propagation. For each joint, an acceptable
damage tolerant analysis is to analyze n-1 fasteners in structural connection. For this, only a
static analysis is necessary checking the remaining fasteners and part bearing. There will be
certain joints where analyzing the joint n-1 fasteners is acceptable or necessary. For these joints,

A-Dbasis allowable should be used and the joint should be noted as one with a single point failure.
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The flap contains one of these, the actuation hinge to inboard rib joint. This joint uses two bolts
similar to the current design. If one of these bolts fails, the flap will not be able to actuate. Thus,
this joint contains a single point failure and A-basis allowables should be used.

In the static structural test, the critical load conditions are tested to limit and ultimate.
Limit tests must be performed before ultimate tests. After a limit test, the structure needs to be
examined for permanent set deformation. Limit load criteria is that the structure must support
limit loads without permanent set deformation. Ultimate loads would then be applied. The
structure must hold ultimate loads for a minimum of 3.0 seconds. Parts of the structure may fail
if the structure continues its ability to carry the load. The static test article will contain
intentional defects. These include wrinkles in the laminate, Teflon or other inclusions in
bondlines, over trimmed features, oversized fastener holes, over-countersunk fasteners and
impact damage. These defects are included for multiple reasons. The biggest reason is for
material review board (MRB) substantiation of production non-conforming features. In the
production of an aircraft, mistakes will be made and anomalies will occur. Having these defects
in the article substantiates these mistakes and anomalies. Including defects in the article also
helps substantiate the damage tolerance characteristics of the structure. Since composite
materials degrade at elevated temperatures and humidity, a load enhancement factor (LEF)
should be applied to the loads to account for environmental factors. This will vary dependent on
the lamina and resin used.

In the damage tolerance cyclic test, two lifetimes of the structure will be simulated. A
structure’s certified lifetime is considered half of what is tested. Determination of loads for
cyclic testing is a very complicated process. The number of cycles is different for every load

factor. Load factors between 0.3 and 1.0 are considered with intervals of every 0.05. Load factors
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below 0.3 are not tested because it has been shown that for composite structures, the low load
factors have no effect on the structures lifetime. For a lifetime, many of the cycles will occur at
lower load factors. To account for material strength degradation at elevated temperatures and
humidity, a load enhancement factor should be applied to each cycle. This will vary dependent

on the lamina and resin used.

1.1.4 Assumptions

Several assumptions were made to simplify the analysis and add conservatism to the
analysis. The first is all materials had linear properties, and all analyses were linear analysis. This
was confirmed as acceptable when analyzing the results of the FEA. Virtually every area of the
flap has stress values below the yield stress allowable for the material. There are a few areas
where the ultimate stress is exceeded. However, using these stresses is more conservative than
using a non-linear analysis. Running a non-linear analysis with non-linear material properties
gave stress values below the ultimate material allowable, and these values were significantly less
(>10%) than the linear static analysis results.

Notched and porous allowables were used for analysis. These properties were used to
have a significant amount of conservativism built into the model which will help with MRB
activates in production. Since each fastener hole was modeled, and most tooling holes, much of
the structure did not require notched allowables to be used. Notched allowables account for small
holes and geometry features not being modeled. Notched allowables effect the tension and
compression strength in the 1 and 2 directions A 50% reduction in strength is used. Porous
allowables account for surface porosity in the final layup. A 20% knockdown was applied to the

shear strength (F12) which represents more than 10% surface porosity.
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When calculating loads, a load factor of 3.6 was used although the regulations allow a
load factor of about 2.2 to be used. Using a load factor that is 60% greater than needs to be used
is very conservative. The larger load was used to make the flap “future proof.” Currently the
SF50 has a flap deployment angle of 42° and an MTOW of 6,050 Ibs. Using a larger load allows
the use of a larger deployment angle or MTOW without having to re-do the entire analysis due to
the increase in loads. This happened in the initial design phase of the SF50 when the planned
deployment angle was 35° and experimental flight test decided to increase the deployment angle.
One potential change, the author could see that would be useful to pilots is to increase the 50%
flap speed to 200 KCAS. That way the landing gear extension speed is the same as the approach
flap (50%) extension speed. Using larger loads also has an additional level of margin built into
the structure which will be very helpful in MRB activities. This assumption does make the flap
heavier than it would be without them. However, since most the areas use minimum gauge
layups, the increased weight is not too significant. The most ribs and all skins are minimum
gauge layups. The fasteners and rivets used are the smallest structural fasteners typically used on
aircraft. The fasteners, adhesive, ribs and skins account for about 80% of the flap total weight.
Thus using lower loads has the potential effect 20% of the structure.

This project does not address any of the certification requirements of High Intensity
Radiated Field (HIRF) or Indirect Effects of Lightning (IEL). This is a large task that is out of

scope for the project.
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CHAPTER 2

LOADS FOR SF50 FLAP

When certifying an aircraft to Part 23 aircraft, there are two possible load derivation
methods that can be used: rational loads and Appendix A loads. Rational loads are defined as
loads generated from a computational fluid dynamics (CFD) model. Many larger companies
have large CFD departments, but most smaller companies do not have a CFD department. This is
because the costs of the software and hardware are exorbitant. To combat this, the FAA also
allows Appendix A loads to be used for certification. Appendix A is an appendix in Part 23
which gives different loading conditions for different aircraft structures. Appendix A23.11 has
certified loads for flaps, so this is how the author chose to derive his loads.

Appendix A loads were developed to be an all-encompassing load condition. These loads
factor in all flight conditions, gust conditions and inertial loading conditions.

The SF50 is certified using rational loads. These loads are proprietary information to
Cirrus, and the author did not get permission to use them, which is why the author derived his

own loads using 14 CFR 23 Appendix A.

2.1 Part 23 Appendix A Load Calculations

14 CFR A23.11 defines control surface loads for smaller aircraft. This load calculation is
an acceptable method for determining loads by the FAA. The applied pressure is based on the

normal coefficient, wing area, maximum takeoff weight and normal coefficient. There is also a

15



scaling factor for selecting higher flap deployment speeds than what is defined in 14 CFR
§23.345(b).

The maximum flight weight of the SF50, MTOW, is 6000 pounds and the SF50 has a
wing area of 195.7 square feet (Cirrus Aircraft, 2016). Conservatively, the normal coefficient
considered for load derivation is the maximum possible for a flap, ¢, = 1.6. The calculated load
factor is shown by the equation below. This is from 14 CFR §23.337(a)(1).

24000 24000
n1 = 2 1

A+——7>ooorT=2. = 3. 1
+W+10000 21+6000+10000 36 @)

14 CFR §23.337(a)(1) states that the maximum load factor for a control surface is 3.8 and
14 CFR §23.345(a)(1)&(2) states that the maximum load factor for a high lift device should be
considered 2.0 with a 25 fps gust. The author conservatively used a load factor of 3.8 for the
design and analysis even though a load factor of about 2.2. This gives the structure significant
margin over what would need to be considered. Figure 4 below shows Figure A6 from §A23.11

(Federal Aviation Administration, 2016) shows the following:

ry
g™ W = 2
2 |3 #=.78 nS(Cpy/.80) o ]
o
g &0 W 1=
2 |@ w=.64n7Zc,/18 _ —
E 50 o v = —
x |5 #=.466n% S
o 40 - “'_" ___"
< i ‘\ :3
Fu] - . (3] TaB
S 30 AT N
- Vd = "; — (4) FLAP i
L i \
= 20 <z — \
& —— L (5) AILERON I.
2 " -
Y710
L
[}
=l
E oo
S 20 40 60 80 100 120
< DESIGN MANEUVERING WING LOADING n.% POUNDS/SQ.FT.

Figure 4 - Average Limit Control Surface Loading
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Therefore, the calculated applied pressure is given by:

_ W c 60001b
W = 0.64n, ——= = 0.64(3.8) !

1.6 _
S16 195.7f¢t2 ( ) = 05178 psi @

1.6

Table 1 (below) from §A23.11 gives the applied pressure distribution and a scaling factor
to be applied based on flap deployment speeds. The SF50 has a selected 100% flap velocity of
150 KCAS. The clean stall speed at MTOW is 86 KCAS, and at 100% flap deflection the stall

speed is 67 KCAS. The scaling factor from A.23.11 is:

Va \°
K = | —=seb 3
(VAmin> ( )
The minimum speed is calculated by the equation below and is defined in 14 CFR

§23.345(b):

Vy,... = Max(1.4V;|1.8Vsp) = Max(1.4 * 86|1.8 * 67) = 120.6 KCAS ~ (4)

mtu

Therefore, the solution to Equation (3) is:

V. \* 150 KCAS \?
K = sel | = ( ) = 1.54699 5
<VAmm> 120.6 KCAS ©)

And the applied pressure is:
Wapp = KW = 1.54699 % 0.5178 psi = 0.801 psi (6)

Load distribution per Table A23.11 shows:

Table 1 - Chordwise Distribution (Federal Aviation Administration, 2016)
Surface Direction of Loading Magnitude of Loading  Chordwise Distribution

Wing a)Up Figure A6 Curve [4] T w
Flap b) Down 0.25 x Up Load (a) =

For calculating the total applied shear, the flap was divided into two sections, flap

location along the spar FLS 2.0 to FLS9.375 and FLS9.375 to FLS120.0. The chord length
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linearly tapers from with the degree of taper being different in the two sections. The chord length
at FLS2.0 is 20.908 in, at FLS9.375 is 20.65318 in and at FLS120.0 is 16.650 in. The total

applied shear was calculated by the following equation:
120.0

9.375 _ _
Vier = f 1.5¢Wdx + f 1.5¢Wdx )
2.0 9

.375
Where the average chord length for the first section is 21.005 in and the average chord

length for the second section is 18.757 in. Therefore, the total shear is:

9.375 120.0
Vier = j 1.5(21.005)(0.801psi)dx + j 1.5(18.757)(0.801psi)dx (8)
2.0 9.375

The total calculated shear is 2679.23 Ibs. The load conditions are summarized below.

Table 2 - Load Condition Summary

LC# Lim/Ult Condition Name Total Shear
1 Limit Upwards Pressure 2679.23 Ibs
2 Ultimate Upwards Pressure 4018.85 Ibs
3 Limit Downwards Pressure 669.81 Ibs

4 Ultimate Downwards Pressure 1004.71 Ibs

The flight envelope for the flap is as depicted in the figure below.
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Figure 5 - SF50 Flap Envelope
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2.2 Load Application and Distribution in FEA Model

Loads were applied normal to the lower flap surface as a PLOAD4 pressure load in
FEMAP (Seimens PLM Software, 2016). Due to the lower surface being slightly curved, the
total applied shear load will be in the Z- and X-direction (see Figure 6 and Figure 7). The flap
was divided up into 9 different spanwise loading sections. Each spanwise section was then

subdivided into between 11 and 13 chordwise sections, usually 2-3 elements (about 1.5 to 2.0”).

The sections used for the inboard section is shown in the Figures below.

.

—— )

Figure 6 - Chordwise Loading Sections

Figure 7 - Section 1 Applied Pressure Load

The pressures applied to each section was calculated as a weighted average over the
section. Figure 8 shows a comparison of the chordwise distribution for the IB edge. The chord

length used for calculating the applied pressure was the average chord length of the section.
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Because of this, the inboard area will have a slightly higher applied pressure while the outboard
area will have a slightly lower applied pressure but the average pressure applied is correct.

Figure 8 shows the applied load verses the Appendix A applied load distribution:
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Figure 8 - Comparison of Applied Pressure to Appendix A Distribution
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In each of these sections, the applicable applied pressure was calculated and applied (the

applied load for one loading section is shown in Figure 9).

Figure 9 - Loading Section with Applied Load

After loads were applied to the nine sections, the loads were combined into one load
condition. Loads were applied in this way, so it was easier to check the applied load for
correctness and identify where any mistakes were made. After applying all loads to the model,

the loads were summed about the spar coordinate system. The load summation is shown in
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Figure 10. The total applied load is 2679.23 Ibs, which is exactly what was calculated in Section
2.1. Since the load is split between the X- and Z- directions, the Z-direction has a slightly lower
magnitude than the Appendix A loads specification. This is acceptable since the total shear is

correct which creates the same total shear flow.
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Figure 10 - FEA Applied Load Summation
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CHAPTER 3

MATERIAL PROPERTIES FOR THE SF50 FLAP

3.1 Composites
3.1.1 Fabrication Method

T700SC Plain Weave Fabric, T700GC Unidirectional Tape, Toray 7781/#2510 Fiber
Glass and the Divinycell HT61 foam core may be laid up adjacent to each other in any
combination. However, there must be a minimum of one full ply (either TC700SC or Toray
7781) on the tool side and bag side of the part. To help reduce part porosity, an additional layer
of resin film should be laid up between core and fabric. The Divinycell core may not be
autoclaved but each of the other 3 materials can be.

The composite fabric is laid into a mold to achieve the desired shape and uses a vacuum
bag cure. The mold should be dry and free of any surface contaminates. The technician should
inspect the mold and confirm the mold is free from pits, surface cracks or any other defects that
may be detrimental to the product. Plies should be laid into the mold as desired per the
engineering drawing.

After layup, the mold should be cleaned before bagging; this can be done using isopropyl
alcohol if a steel mold is used. Tacky tape should be applied around the entirety of the mold. The
part should be covered with resin release film and the film should extend a minimum of 1.5”

beyond the edge of the laid-up plies. This film can be applied in as many pieces as necessary but
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it is best to use as few as possible. When using multiple pieces of film, the adjacent pieces should
overlap by a minimum of 1.5”. Breather should be applied to all surfaces of the part. If a part has
a radius which connects two surfaces that are greater than 45 degrees offset form each other,
breather should not be applied over the radius. This will help reduce the possibility of ply
bridging in the radius. The part should then be covered with vacuum bagging and sealed using
the tacky tape applied to the mold. It is acceptable to use as many vacuum ports as needed.
Vacuum should be checked and confirmed that the vacuum can be held and the leak rate is below
a pre-defined leak rate. The part should only be held under vacuum while in the oven for curing.
The part should be cured using the temperature profile given in Figure 11. The initial
ramp rate is 3.0 degrees Fahrenheit per minute. The cure should take place at 275 degrees
Fahrenheit for between 120 and 150 minutes. The cooldown rate should be about 4.5 degrees
Fahrenheit per minute. Once the oven reaches room temperature, the vacuum can be released

from the mold, and the part can be de-tooled.
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Figure 11 - Composite Part Cure Temperature Profile
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3.1.2 Nomenclature

The strength and stiffness properties of composite materials can be very different under
different environmental conditions. The three common environmental conditions tested for
aircraft are room temperature dry (RTD), cold temperature dry (CTD) and elevated temperature
wet (ETW).

The CTD environmental condition represses an aircraft at cruise altitude where the air is
very cold and there is very little moisture. CTD conditions are defined as -125°F with no
moisture in the composite. Generally, CTD is critical for tension and compression in the
longitudinal direction.

The RTD environmental condition represents an aircraft on the ground. This is a “middle
of the road” condition which the temperature is 68°F and the humidity is 50%. Generally, RTD is
critical for laminate shear strength.

The ETW environmental condition represents an aircraft in a hot and humid environment.
ETW conditions are defined as 180°F and a saturated laminate. This is generally the condition in

which the strength and stiffness in the transverse of the composite are lowest.
3.1.3 T700SC-12K-50C/#2510 Plain Weave Fabric

The plain weave fabric that the author selected for use is Toray T700SC-12K-50C/#2510
(Tomblin, A-Basis and B-Basis Design Allowables for Epoxy - Based Prepreg TORAY
Zt700GC-12K-31E/#2510 Unidirectional Tape, 2002). T700SC is a carbon fiber composite with
a fiber tensile strength of about 700 ksi. T700SC has fibers that are never twisted with about

12,000 filaments per tow. T700SC uses a PAN precursor.
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TC700SC fabric is a prepreg manufactured using the hot melt method of impregnation.
The matrix material used has a designation of #2510. This resin is a low viscosity, flexible two-
part epoxy resin. The resin cures at 275 degrees Fahrenheit.

The National Institute for Aviation Research carried out material testing and qualification
for T700SC-12K-50C/#2510 fabric and released data in October of 2012. This data is FAA
approved for use on Part 23 aircraft. Table 3 (Tomblin, A-Basis and B-Basis Design Allowables
for Epoxy - Based Prepreg Fabric TORAY T700SC-12K-50C/2510 Plain Weave Fabric, 2010)
gives notable material properties for the cured laminate. For design and analysis purposes, the
“notched” allowable was used for the material. Table 3 gives the material allowables used for
analysis of the flap.

Plain weave fabric is used where strength is needed in two directions. Plain weave fabric
has good strength and stiffness properties in the longitudinal and transverse directions. The
strength and stiffness of the material is similar in both directions but the material one direction

(0° orientation) is slightly higher than the two direction (90° direction). For the flap, this was in

most of the structure as the base material. The cured thickness of the plain weave fabric is

0.0086.
Table 3 - T700SC-12K-50C/#2510 Plain Weave Fabric Material Allowables Used
Fltu Elt Vth thu E2t F1CU Elc FZCU EZC FlZSu GlZS Flgsu
(ksi)  (Msi) (ksi) (Msi) (ksi) (Msi) (Msi) (Msi) (ksi) (Msi) (ksi)

58.25 8.088 0.029 52403 7.866 34436 7.94 34715 7.066 8.652 0.46 8.693

The plain weave fabric has a single shear bearing allowable of 65.4 ksi (Toray
Composites America, 2002). This is the bearing allowable used for all areas of the plain weave

fabric that are in bearing. This allowable considers environmental factors and the worst possible

layup.
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3.1.4 T700GC-12K-31E/#2510, Unidirectional Tape

The unidirectional tape that the author selected for use is Toray T700GC-12K-31C/#2510
(Tomblin, A-Basis and B-Basis Design Allowables for Epoxy - Based Prepreg TORAY
Zt700GC-12K-31E/#2510 Unidirectional Tape, 2002). T700GC is a carbon fiber composite with
a fiber tensile strength of about 700 ksi. T700GC has fibers that are never twisted with about
12,000 filaments per tow. T700GC uses a PAN precursor.

TC700GC fabric is a prepreg manufactured using the hot melt method of impregnation.
The matrix material used has a designation of #2510. This resin is a low viscosity, flexible two-
part epoxy resin. The resin cures at 275 degrees Fahrenheit.

The National Institute for Aviation Research carried out material testing and qualification
for T700GC-12K-31C/#2510 fabric and released data in October of 2012. This data is FAA
approved for use on Part 23 aircraft. Table 4 (Tomblin, A-Basis and B-Basis Design Allowables
for Epoxy - Based Prepreg TORAY Zt700GC-12K-31E/#2510 Unidirectional Tape, 2002) gives
notable material properties for the cured laminate. For design and analysis purposes, the
“notched and porous” allowable was used for the material. Table 4 gives the material allowables
used for analysis of the flap. Using the porous allowable is conservative since the unidirectional
tape is encapsulated by full plies, so there will never be a condition where the tape has surface
porosity.

The strength and stiffness of the material are significantly higher in the material one
direction (0° orientation) is virtually zero in the material two direction (90° direction). The
unidirectional tape is used where strength is only needed in one direction. For the flap, this was
used in the spar cap as doublers where the load is primarily carried along the spar cap. The cured

thickness of the unidirectional tape is 0.0060™.
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Table 4 - T700GC-12K-31C/#2510 Unidirectional Tape Material Allowables Used

Fltu Elt Vth thu Ezt Flcu Elc cmu Ezc FlZSu GlZS FlSSu
(ksi)  (Msi) (ksi) (Msi) (ksi) (Msi)  (ksi) (Msi) (ksi) (Msi)  (ksi)

12197 17.74 0309 1.878 092 87.02 16.284 8.443 1.153 11409 0.453 12.489

The unidirectional tape has a single shear bearing allowable of 62.4 ksi (Toray
Composites America, 2002). This allowable considers environmental factors and the worst
possible layup. These allowables were never used because no fasteners were installed through
unidirectional fabric. This is because when drilling a hole in the unidirectional fabric, the

continuity of the fibers is lost and this significantly reduce the strength of the fabric.
3.1.5 Toray Composites Style 7781/#2510, Finish 558, 8-Harness Fiberglass Fabric

The fiberglass fabric that the author selected for use is Toray 7781/#2510, Finish 558
(Tomblin, A-Basis and B-Basis Design Allowables for Epoxy - Based Prepreg Fabric TORAY
7781 Finish 558/#2510 Fiberglass Fabric, 2002). 7781 is an eight-harness fiberglass composite
material. 7781 has fibers that are never twisted. The fibers have finish 558 surface treatment.
7781 uses a Silica precursor which makes 7781 E-glass.

7781 fabric is a prepreg manufactured using the hot melt method of impregnation. The
matrix material used has a designation of #2510. This resin is a low viscosity, flexible two-part
epoxy resin. The resin cures at 275 degrees Fahrenheit.

The National Institute for Aviation Research carried out material testing and qualification
for Toray 7781/#2510 fabric and released data in November of 2012. This data is FAA approved
for use on Part 23 aircraft. Table 5 (Tomblin, A-Basis and B-Basis Design Allowables for Epoxy
- Based Prepreg Fabric TORAY 7781 Finish 558/#2510 Fiberglass Fabric, 2002) gives notable

material properties for the cured laminate. For design and analysis purposes, the “notched and
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porous” allowable was used for the material. Table 5 gives the material allowables used for
analysis of the flap.

The strength and stiffness of the material is similar in the material one direction (0°
orientation) and the material two direction (90° direction); although the material one direction
has slightly a higher strength and stiffness. 7781 glass is used for galvanic isolation and is
considered non-structural, although its thickness was considered for bolt bending calculations.
For the flap, this was on the ribs to galvanically isolate the carbon composite from the aluminum

hinges. The cured thickness of the fiberglass is 0.0104”.

Table 5 — 7781/#2510 Fiberglass Material Allowables Used
Fltu E]_t V12t thu E2t FlCU ElC F2CU EZC Flzsu GlZS F13SU
(ksi)  (Msi) (ksi) (Msi) (ksi) (Msi) (ksi) (Msi) (ksi) (Msi) (ksi)
24650 3.149 0.115 21.179 2927 25458 352 21532 3371 9.319 0457 8.712

No bearing allowables were used for the fiberglass material as the fiberglass is
considered non-structural. The fiberglass is included in the layup to galvanically isolate the
carbon from metal fittings. Fiberglass is not considered in the FEA model but the ply thickness is

considered when calculating the bending moment in fasteners.
3.1.6 Divinycell HT61

The core that the author chose for the flap design is Divinycell HT61 core. Divinycell
HT61 core is a rigid, closed-cell foam core (Diab Group, 2016). HT61 core is suitable for use
with prepreg composites, both E-glass and carbon fibers, and is currently used by Cirrus Design
(Cirrus Aircraft) under the specification GEKO0501. This core is also used by Boeing, Gulfstream,
Cessna, and Gulfstream; it is a very popular foam core material in the aircraft industry. The core

is self-extinguishing (per 14 CFR §25.853) which makes material qualification and certification
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significantly easier. The core is non-biodegradable, absorbs a low amount of water, can easily be
machined and absorbs a small amount of resin in the curing process.

Divinycell HT61 is an isotropic material with the properties used for design and analysis
given in Table 6. The core material is a very weak material compared with the other composite
materials. The material properties do not add any significant strength or stiffness to a structure.
The benefit of using core comes from displacing plies further from the neutral axis which
significantly increases the stiffness of the structure. For the flap, the core is used in almost every

part to increase the stiffness.

Table 6 — Divinycell HT61 Foam Core Material Allowables Used
Ftu ECU FSU EC G

(psi)  (psi) (psi) (ksi)  (ksi)
218 123 109 8412 2611

3.2 Adhesives
3.2.1 Huntsman 100 A/C

The adhesive the author chose for the flap is Epibond Huntsman 100 A/C epoxy
structural adhesive. Huntsman A/C is a two part, heat cured epoxy used for structural joints in
composite structures (Huntsman, 2015). Huntsman 100 A/C was designed to have a high service
temperature of 300°F. The adhesive also has a high dry and wet glass transition temperature. Part
A is the resin, and part C is the hardener. The volume fraction of part A to part C is 2:1. The
mixed epoxy has a working life of between two hours and two hours and twenty minutes at room
temperature. The material allowables for Huntsman A/C are given in Table 7. The adhesive has
great chemical resistance to common chemicals typically around aircraft including 110LL (AV
gas fuel), Jet-A (kerosene jet fuel), TKS 406B (de-icing fluid), turbo oil 2380 (turbine oil),

Skydrol 500B-4 and Royco 756A (hydraulic fluid).
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Table 7 — Epibond Huntsman 100 A/C Material Allowables Used
Fau Tg_wet Ef = G T-Peel
(psi)  (F) (%)  (ksi) (ksi) (Ibdin)
990 254 44 430 2.300 28.55

3.2.2 Loctite 565 Thread Sealant

Loctite 565 is a 1-part methacrylate ester, acrylic paste that is used to galvanically isolate
metals and reduce the risk of rusting, corrosion and galling (Loctite, 2012). The thread sealant is
applied directly to the fastener upon installation, and the sealant cures anaerobically which
provides a barrier between the fastener surrounding structure. Upon curing, the sealant is
resistance to multiple chemicals including water, motor oil, gasoline and bio-diesel making it

suitable for use on aircraft.

3.3 Metals
3.3.1 7075 Aluminum

The aluminum the author chose for the flap hinges is 7075-7351 Plate per AMS4078 and
AMS-QQ-A-250-12. 7075 is an AL-Zn-Mg-Cu alloy (Metallic Materials Properties
Development and Standardization (MMPDS) - 03, 2006). The aluminum may also have minor
amounts of Chromium, Iron, Titanium, Silicon, and Manganese. This aluminum has a relatively
high tensile strength and low density. Per Table 3.1.2.1(a) in MMPDS-03, 7075-T73 has a high
resistance to stress corrosion cracking (SCC) in all material forms and all material directions.
T73 is the sheet form of T7351 and both alloys are governed by the same AMS-QQ-A-250/12
specification. The alloy received an “A” rating for each form and direction. An “A” rating states
“Equal to or greater than 75% of the specified minimum yield strength. SCC is not anticipated in

general applications if the total sustained tensile stress is less than 75% of the minimum specified
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yield stress for the alloy, heat treatment, product form, and orientation.” Conservatively all limit
allowables were multiplied by 75%. One design feature of the flap is the highest stressed areas in
metal parts are visible for inspection. This allows a pilot or mechanic to spot cracking early, so it
does not grow into a problem that causes failure of the structure.

The material allowables used for analysis are given in Table 8. The minimum allowable
for any material direction was chosen. For example, the allowable for the ST-direction is 50 ksi
and the allowable for the L- and LT- directions is 53 ksi, the allowable used is 50 ksi. This
allows the manufacturer to machine the part in any direction they choose which reduces part
cost. The thickness considered is also one thickness larger than what is needed. This is also done
to give the manufacturer more options which reduces part cost. A 2.501-3.000” thick plate is

considered for all parts and the B- basis allowable.

Table 8 — 7075-T731 Material Allowables Used
Fu Fty Fcy Fsu Fbu72.0 Fby72.0 Fbu71.5 Fbu71.5 E Ec G \Y €
(ksi) (ksi) (ksi) (ksi) (ksi)  (ksi) (ksi) (ksi) (Msi) (Msi) (Msi)

62 50 51 39 132 96 103 81 103 106 39 033 6%

3.4 Fasteners
3.4.1 Rivets

For the flap, rivets are used as crack stop features. Because of this, their strength is not
very critical. For the rivets in the trailing edge (TE) bond line, NAS20427M4 rivets are used.
These rivets are % inch diameter, 100° countersunk shear head solid Monel rivets. These were
chosen because Monel aluminum has a high shear strength and is galvanically stable with
carbon. Countersunk rivets were chosen so that the rivets are flush with the skin to reduce drag

as much as possible. Solid rivets were chosen because a bucking bar can be used to install these
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rivets as both sides are acceptable and so that the rivets would be able to be shaved flush on both

sides. Table 9 shows the strength of an MS20427M4 joint (Cherry Aerospace, 2009).

Table 9 - Strength Properties of MS20427M4 Rivets in Plain Weave Fabric

Allowable Source
Single Shear Strength 675 lIbs Cherry 1900 Specification
Single Shear Bearing Allowable | 220.8 Ibs per ply Carbon Bearing Calculation

Rivets chosen for rib to skin connections were chosen to be NAS1921M4 rivets. These
are Y% inch diameter, 100° countersunk shear head blind Monel rivets. The author chose these
rivets because Monel aluminum has a high shear strength and is galvanically stable. The author
chose countersunk rivets were chosen so that the rivets are flush with the skin to reduce drag as
much as possible. Blind rivets were chosen because they will be installed after bonding of the
structure and the tail of the rivet will not be accessible. Table 10 shows the strength derivation of
the MS20427M4 TE joint. As the table shows, the joint strength is driven by carbon bearing for
layups 3 plies or less; the ultimate allowable, independent of fiber orientation, is 220.8 Ibs per
ply of thickness. For layups of 4 plies or thicker, the allowable is driven by the shear strength of

the rivet and the ultimate allowable is 675 Ibs per rivet.

Table 10 - Strength Properties of NAS1921M4 Rivets

Allowable Source
Single Shear Strength 1020 Ibs Cherry 1900 Specification
Single Shear Correction Factor | 675 Ibs Cherry 1900 Specification
Single Shear Bearing Allowable | 220.8 Ibs per ply Carbon Bearing Calculation

As the tables show, the joint strengths are driven by carbon bearing for layups 3 plies or
less; the ultimate allowable, independent of fiber orientation, is 220.8 Ibr per ply of thickness.
For layups 4 plies or thicker, the allowable is driven by the shear strength of the rivet and the

ultimate allowable is 675 Ibs per rivet.
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3.4.2 Threaded Fasteners

Threaded fasteners are used in joints where high shear, bearing and tension strength is
needed. For the flap, these are the inboard, middle and outboard hinge joints to the adjacent ribs.
The actuation fitting to inboard rib joint also used threaded fasteners. For the flap, two different
types of threaded fasteners are used. These are: Hex Head Close Tolerance Long Thread bolts
and 100° Reduce Head (Shear Head) Close Tolerance Short Thread bolts. Nominally all
fasteners were chosen to be made from Steel as these are the cheapest of the readily available
fasteners for each type. The Hex Head bolts are all NAS670X bolts, and the Shear Head bolts are
all NAS870X bolts. Each of these fasteners has a minimum tensile strength of 160 ksi and a
minimum shear strength of 95 ksi. The strength allowables for the bolts used are given in Table

11.

Table 11 — Threaded Fastener Allowables

. . Shear Bending
Bolt Diameter | Tensile Allowable Allowable Allowable
#10 (0.190™) 2,890 Ibs 2,690 Ibs 180.65 in-Ibs
Y4 (0.25”) 5,340 Ibs 4,660 Ibs 411.53 in-lbs
%16 (0.3125”) 8,590 Ibs 7,290 Ibs 803.77 in-lbs

Tensile and shear allowables per MMPDS-03 Tables 8.1.5(a) and 8.1.5(b;), bending allowables calculated
per guidance in Bruhn C.3.

Titanium fasteners are generally more expensive than steel fasteners of the same strength.
If necessary, alternate equivalent fasteners could be used. For the NAS870X fasteners, an
equivalent steel alternate is NAS880X. For the NAS670X, an equivalent steel alternate is a
NAS680X bolt. Steel and Titanium are galvanically similar and acceptable to be in direct contact
with carbon. However, both should be galvanically isolated from aluminum. Hence, each

fastener will be wet installed using as a Loctite 565 thread sealant as a galvanic isolator.
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3.4.3 Bearings

Three bearings are used in each flap. These bearings are press-fit into the aluminum
hinges and allow the flap to rotate around the hingeline. MS14104-5 bearings were chosen for
this application. These bearings are self-lubricating and self-aligning. The bearing accepts a
0.3125 (5/16”) diameter bolt. The ball is made from either 440C or PH13-8Mo H1000 corrosion
resistant steel. The outer ring is made from 17-4PH stainless steel. Table 12 gives nominal
dimensions for the bearing, and Figure 12 gives a pictorial representation of these dimensions.
The radial static load limit for the bearing is 8,750 Ibs, the axial static limit load rating is 700 Ibs
and the oscillating limit load rating is 5,460 Ibs (Military Specification Sheet, 1994). Per
MIL1599A (Department of Defense, 1997), the static capacity of bearings is termed the limit
load rating. “This is the maximum load which the bearing can carry without subsequently
affecting the performance of the rated life at the dynamic load rating” (Department of Defense,
1997). MIL1599A also states “the ultimate load rating is calculated as the limit load rating
multiple be a factor of 1.5.” If the ultimate load is applied, the bearing may deform though the
bearing will continue to carry load. These static allowables are very conservative allowables. For
an even more conservative analysis, the 5,460 Ibs oscillating limit load allowable is considered
the allowable used for static sizing.

14 CFR §23.623 states:

a) Each part that has clearance (free fit), and that is subject to pounding or vibration,
must have a bearing factor large enough to provide for the effects of normal relative motion.

(b) For control surface hinges and control system joints, compliance with the factors
prescribed in 88 23.657 and 23.693, respectively, meets paragraph (a) of this section.

14 CFR §23.657 states:
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a) Control surface hinges, except ball and roller bearing hinges, must have a factor of
safety of not less than 6.67 with respect to the ultimate bearing strength of the softest material
used as a bearing.

(b) For ball or roller bearing hinges, the approved rating of the bearing may not be
exceeded.

The MS14104-5 bearing contains two rows of ball bearings which allows the inner ring
to self-align; thus, these bearings are considered ball bearings for Part 23 certification. By being

classified as ball bearings, only a fitting factor, 1.15 per 14 §CFR 23.625(a), needs to be applied
to the bearing and bearing joint. The 6.67 minimum factor per 14 CFR §23.657(a) is not

applicable to this bearing.

" —= ST Enex—

H
?—- SEE REQMT <

FTFE WMER

~ ﬂ;:. 45 OR RADIUS

oF w

Figure 12 - MS14104 Bearing Geometry

Table 12 -- MS14104 Bearing Properties (Military Specification Sheet, 1994)
@B @D @H  BMnmin Q W Breakaway Torque WT

(n) (i)  (in)  (@in)  (deg) (in) (in-Ibs) (Ib)
0.3125 0.7500 0.281 0.419 10  0.375 0.25-0.80 10-1.0 _ 0.030
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3.4.4 Bushings

For the flap, two NAS77-5-020 bushings are used. This is a press fit flange bushing.
These are installed on the actuation hinge to allow the bolt that connects the hinge to the
actuation pushrod to rotate freely. The bushing is made from 4130 steel that is heat treated to
between 125ksi and 145ksi (National Aerospace Standards Committee, 2007). The bushing is
softer than the bolt that is installed through it so any wear that would take place in the joint,
should wear on the bushing and not the bolt. This bushing was chosen because it is used on many
other parts of the airplane, it is cheap, and it is readily available for purchase. Figure 13 shows a
pictorial representation of the bushing and its geometric properties. Table 13 gives the

dimensional values for the NAS77-5-020 bushing.

B +.0000 UNLESS OTHERWISE
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+.000
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Figure 13 — NAS77 Bushing Geometry

Table 13 — NAS77 Geometry (National Aerospace Standards Committee, 2007)
@A @B @c L WT

(in) (in) (in) (in) (Ib)
0.3125 0.4386 0.562 0.200 6.79x10°
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CHAPTER 4

SF50 COMPOSITE FLAP DESIGN

4.1 Overview

The SF50 has a plain-slotted Fowler flap. The flap has three metallic hinges which it
rotates on and an actuation hinge which transfers force from the flap actuator to the flap and
creates a moment about the hinge line. The flap has a span of 118 and tapers from a chord
length of 21.145 in at the inboard edge to 16.650 in at the outboard edge. The hinges are located

at FLS2.0, FLS60.0, and FLS120.00 and the actuation hinge is located at FLSO0.0.

4.2 Part Descriptions and Functions
4.2.1 Spar

The spar is a conventional C-channel spar with a web, upper cap, and lower cap. The spar
base layup is 4-ply quasi-iso [45/0/-45/90]. The spar web contains 0.25” foam core for stiffness.
The caps contain 0° uni-directional fabric (tape) for increased stiffness. The entire cap contains
one unidirectional ply and builds up to a maximum of eight unidirectional plies. The upper and
lower caps have equivalent layups. The spar height tapers linearly from 5.22 in at the inboard
edge to 3.80 in at the outboard edge. The flap has a 0.25” radius from the spar web to the spar

caps.
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Leading edge ribs are bonded to the spar caps and spar web. Trailing edge ribs are
bonded to the aft spar web. The addition of ribs increase buckling stability of the spar and
provide crack-stops for the damage tolerance analysis.

No rivets or fasteners are installed through the spar web to ribs although if a repair was
needed, this would be acceptable. No rivets or fasteners are installed through the spar cap, and no
repair should have any fastener through the spar cap. This is because the unidirectional plies run
through the spar cap and from experience, drilling holes in unidirectional fabric significantly
reduces the strength of the plies.

Drawing details and the layup for the flap is shown below in Figure 14 and Figure 15.
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Figure 15 - Spar Layup Detail
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4.2.2 Skins

There are three skins for the flap: upper skin, lower skin and leading edge closeout skin.
The skins give the flap its aerodynamic profile (OML profile). The upper and lower skins are
primarily a 2c2 [45/-45/c]s layup and uses a 0.125 in core. Around the ribs, spar, forward and aft
edges the core is dropped off to a solid 4 ply layup [45/-45]s. The upper and lower skins are
bonded together at the aft edge. Rivets are installed as crack stoppers. These rivets are required
for the damage tolerance analysis; without them, a crack would cause skin buckling in the upper

and lower skins below limit load. The skin aft edge geometry is detailed in Figure 16.

— T
[
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23 0 0188-0.19650.221-0.229

Figure 16 - Skin Aft Edge Geometry

The closeout skin is a 2c2 [45/-45/c]s layup that uses 0.125 in foam core. The core is
dropped off near bonded joints to a 4-ply solid layup [45/-45]s. The closeout skin is bonded to
the leading-edge ribs and the upper and lower skins. The upper and lower skin bond joints
include rivets as a crack stopping feature. These rivets are needed for the damage tolerance
analysis and without them, the skins forward of the spar would buckle before limit load. Detailed

engineering drawings for the skins are shown in Figure 17, Figure 18, and Figure 19.
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Figure 18 — Leading Edge Closeout Skin Engineering Drawing
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Figure 19 — Lower Skin Engineering Drawing

4.2.3 Ribs

The flap contains leading edge and trailing edge ribs. These ribs provide stiffness to the
skins and spar; the ribs also provide a crack stopping feature for damage tolerance. The ribs
consist of a web with flanges. Two types of ribs are used: main and stub ribs. The main ribs fill
the entire area between the skins and the stub ribs are small ribs bonded to the spar web and
skins to provide a crack stopping feature between the spar cap and skins. The stub ribs also
stiffen the spar web. The layups vary between ribs. Layups are given in Table 14. The inboard
(TE FLS2.0), outboard (TE FLS120.0) and middle ribs (TE FLS59.0 and TE FLS61.0) contain

hard points for reacting the hinge loads.
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Between the FLS2.0 and FLS8.0 ribs there is a rib that runs parallel to the spar. This rib,
termed the actuation rib, reacts loads from the actuation hinge.

Four ribs, TE FLS2.0, TE FLS59.0, TE FLS61.0 and TE FLS118.0, contain a single 7781
fiber glass ply for galvanic isolation. The hinges are all made from 7075-T7351 aluminum which
is galvanically dissimilar to the carbon; therefore, galvanic isolation is needed. 7781 fiber glass is
used since it isolates the aluminum from the carbon and cures well with the carbon (same resin

system is used between the two), creating a strong structure.

Table 14 - Rib Layups

Type Rib Layup Core Thickness Hard Point
Full LE 2.0 [45/-45/45/c/-45/45] 0.125”
Stub LE20.0 [45/-45/c/-45/45] 0.25”
[45/-45/-45/45]
Full FL31.0 [45/-45/cl-45/45] 0.25”
S | Stub LE46.0 [45/-45/c/-45/45] 0.125”
b [45/-45/-45/45]
2 | Full LE590 [45/-45/c/-45/45] 0.25”
g | Stub LE75.0 [45/-45/c/-45/45] 0.125”
i [45/-45/-45/45]
Full LE90.0 [45/-45/cl-45/45] 0.25”
Stub LE105.0 [45/-45/c/-45/45] 0.125”
[45/-45/-45/45]
Full LE120.0 [45/-45/45/-45/45]
Full TE2.0 [1/45/-45/HP/-45/45] 0.125” QI
[45/-45/c/-45/45] 0.125”
Full TE9.0 [45/-45/c/-45/45] 0.25”
Stub TE20.0 [45/-45/-45/45]
Full TE31.0 [45/-45/c/-45/45] 0.25”
Stub TE46.0 [45/-45/-45/45]
o | Full TE59.0 [45/-45/c/-45/45] 0.125”
wu? TE61.0 [1/45/-45/45/c/-45/45] 0.125”
o [1/45/-45/45/c/45/-45/45] 0.125”
= [1/45/0/-45/90/c/-45/0/45] 0.125”
;‘_3 [1/45/0/-45/90/c/90/-45/0/45] 0.125”
[1/45/0/-45/90/45/c/90/-45/0/45]  0.125”
Stub TE75.0 [45/-45/-45/45]
Full TE90.0 [45/-45/c/-45/45] 0.25”
Stub TE105.0 [45/-45/-45/45]
Full TE119. [1/45/-45/c/-45/45] 0.125”
[1/45/-45/45/c/-45/45] 0.125”
[1/45/-45/45/c/45/-45/45] 0.125”
Actuation Actuation Rib  [45/-45/c/-45/45] 0.25”
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Engineering drawings for the ribs are given in Figure 20-Figure 28.
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Figure 21 - Forward Full Ribs
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Figure 28 - Aft Outboard Rib
4.2.4 Hinges and Fittings

The three hinges and the actuation fitting are constructed from 7075-T7351 plate
aluminum. The three hinges have an MS14104-5 bearing pressed into the hinge. The hinges are
bolted to the ribs using NAS threaded fasteners. The hinges are 0.3125” thick with a “C” section
through the web to save weight. The hinges also contain larger holes for additional weight
savings. The hinges provide an attachment to the aircraft and allow the flap to rotate around the
hinge line to deploy. The actuation hinge has two lugs with NAS77-5-020 bushings press fit into
the fitting’s lugs. The actuation hinge transfers force from the actuation system into the flap
allowing it to rotate about its hingeline. Drawings for the hinges and the actuation fitting are

provided in Figure 29-Figure 32. Electronic files (CAD) provide definition of the metallic parts.

Figure 29 — Actuation Fitting Engineering Drawing
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Figure 30 — Inboard Hinge Engineering Figure 31 — Middle Hinge Engineering
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Figure 32 — Outboard Hinge Engineering Drawing

4.2.5 Flap Total Weight

In this section, the estimated weight for the flap is calculated. Table 15 gives the weight
of each part and fastener used in the assembly. The density used for Monel rivets is 0.318 Ib/in®,

the density used for steel is 0.283 Ib/in®, the density used for aluminum is 0.101 Ib/in3, the
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density used for unidirectional fabric is 0.055 Ib/in®, the density used for plain weave fabric is
0.054 Ib/in®, the density used for fiber glass is 0.065 Ib/in%, the density used for the adhesive is
0.036 Ib/in®, and the density used for core is 0.002 Ib/in®.

The total estimated weight for the flap is 28.51 Ibs with an estimated error of 5%. The
estimated weight for the adhesive is 2.779 Ibs which is 50% higher than the predicted value
needed. This is because when bonding the structure, there are many areas where adhesive squish
out cannot be cleaned properly. The total weight of spar, skins, and ribs is 20.638 Ibs which
includes material that would be removed by the existence of tooling holes and rib corner relief
cuts. The total weight of fasteners is 0.324 Ibs which assumes steel as the material even though
titanium is an acceptable alternate. The fasteners estimate considers nominal grip length

fasteners and only one washer required per joint.
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Table 15 - Flap Bill of Materials Weight

Component Material Density  Est. Volume Qty. Weight Per  Total
LE 2.0 Rib (Full) Composite 0.054 2.397 1 0.129 0.129
LE20.0 Rib (Stub) Composite 0.054 0.624 1 0.034 0.034
FL31.0 Rib (Full) Composite 0.054 1.673 1 0.090 0.090
LE46.0 Rib (Stub) Composite 0.054 0.636 1 0.034 0.034
LES590 Rib (Full) Composite 0.054 1.513 1 0.082 0.082
LE75.0 Rib (Stub) Composite 0.054 0.599 1 0.032 0.032
LE90.0 Rib (Full) Composite 0.054 1.291 1 0.070 0.070
LE105.0 Rib (Stub) Composite 0.054 0.564 1 0.030 0.030
LE120.0 Rib (Full) Composite 0.054 1.616 1 0.087 0.087
TE2.0 Rib (Full) Composite 0.055 3.602 1 0.197 0.197
TE9.0 Rib (Full) Composite 0.054 2.095 1 0.113 0.113
TE20.0 Rib (Stub) Composite 0.054 0.603 1 0.033 0.033
TE31.0 Rib (Full) Composite 0.054 2.002 1 0.108 0.108
TE46.0 Rib (Stub) Composite 0.054 0.656 1 0.035 0.035
TES59.0 Rib (Full) Composite 0.055 2.390 1 0.131 0.131
TE61.0 Rib (Full) Composite 0.055 2.390 1 0.131 0.131
TE75.0 Rib (Stub) Composite 0.054 0.618 1 0.033 0.033
TE90.0 Rib (Full) Composite 0.054 1.981 1 0.107 0.107
TE105.0 Rib (Stub) Composite 0.054 0.581 1 0.031 0.031
TE119 Rib (Full) Composite 0.054 26.770 1 1.448 1.448
Rib Clip Composite 0.054 0.516 2 0.028 0.056
Actuation Rib Composite 0.054 0.086 1 0.005 0.005
Spar Composite 0.021 127.172 1 2.723 2.723
Closeout Skin Composite 0.054 21.190 1 1.144 1.144
Upper Skin Composite 0.054 126.573 1 6.835 6.835
Lower Skin Composite 0.054 128.189 1 6.922 6.922
IB Hinge 7075-T7351 0.101 9.939 1 1.004 1.004
Middle Hinge 7075-T7351 0.101 8.938 1 0.903 0.903
OB Hinge 7075-T7351 0.101 7.429 1 0.750 0.750
Actuation Fitting 7075-T7351 0.101 4.810 1 0.486 0.486
MS14104-5 Bearing Various 0.030 3 0.030 0.090
NAS77-5-020 Bushing  Nickle-Bronze 0.005 2 0.005 0.010
Adhesive Huntsman A/C  0.036 80.778 1 4.362 4.362
MS20427M4 Rivets Monel 0.318 0.002 16 0.001 0.011
NAS1921M4-02 Rivets Monel 0.318 0.001 174 0.000 0.060
NAS1921M4-03 Rivets Monel 0.318 0.001 12 0.000 0.005
Nuts- MS21042-4 Steel 0.283 0.008 19 0.002 0.043
NAS6704-11 Steel 0.283 0.008 2 0.002 0.005
NAS6804-10 Steel 0.283 0.008 2 0.002 0.005
NAS6804-7 Steel 0.283 0.008 9 0.002 0.020
NAS1149D0463K Steel 0.283 0.009 19 0.003 0.048
NAS8704-6 Steel 0.283 0.041 6 0.120 0.070




4.3 FEMAP Model

The FEMAP FEA model constructed for the flap was used for most the analysis for the
structure. This section gives a general overview of the FEMAP model. The results from the finite
element modeling of composite structures were evaluated using the Hill failure theory. This
interactive failure theory states that failure will occur in a composite ply when the following

criterion is reached:

)+ (22 222 4 () 210 0

In this equation, 611, 622, and T1, are in-plane stresses in the lamina, and X, Y, and S are
the lamina strengths. The finite element software used to model the SF50 composite structures
calculated a failure index which is equal to the left-hand side of the above equation. By inputting
the lamina strengths into the model, the failure index provides a measure of structural integrity
similar to that of a margin of safety. Composite failure is predicted when the failure index is
equal to 1.0 or higher. The following equation calculates the margin of safety with the failure

index (F.1.):
M.S.=——=-1 (10)

The results from the finite element modeling of metallic structures were evaluated using
the von Mises yield/failure theory. The von Mises failure theory is also known as the maximum
distortion energy theory. The theory is applicable determining yield and failure criteria of
isotropic, ductile materials. The von Mises stress, also known as the effective stress, is calculated

using:

(01—03)%  (0,—03)*  (03—01)% 11
j =, (11
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In this equation, o1, 62, and o3 are the principle stresses. For yielding, the von Mises
Theory predicts that material will yield when the von Mises stress is greater than or equal to the
yield stress of the material. The theory predicts that material will fail when the von Mises stress
reaches a value equal to the ultimate strength of the material (Fw for structures in tension, Fc, for
structures in compression). The ultimate margin of safety was calculated using the equation

below:

Feu

M.S.=

P 1 where oy, =15*0,,, (12)
Vult

4.3.1 Geometry

The outer mold line (OML), outboard ribs, inboard ribs, and spar web surfaces were
imported from a CAD file created in Creo 3.0 as shown in Figure 33. The split lines, and
potential places where ribs would be located were imprinted on the OML surface. Rib locations
were chosen to be the same as the current flap so that existing assembly tooling could potentially
be used. Afterward, the rib surfaces were created in FEMAP that were stitched to the skins and
spars. Before meshing, the geometry was imported in Hypermesh to clean up the geometry.
Hypermesh is a powerful geometry editor and meshing program. Hypermesh was not used to

mesh the flap surfaces because FEMAP was used.
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Figure 33 - Flap OML Geometry with Rib Locations

After refining the geometry in Hypermesh, the flap was brought back into FEMAP for
further refinement. Additional refinement included the pad geometry feature in FEMAP to clean
up the geometry around the fastener holes. The pads to help achieve a nice mesh around holes.
The user selects a pad size, | used 2.0*D, and a curve. FEMAP then places four surfaces around
the hole each resembling a square. Figure 34 below shows what the pad geometry looks like and

the mesh that is generated with this feature.

Figure 34 - Pad Geometry around Fastener Holes
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After having flap surface geometries in the model, the author imported the .stp files from
Creo of the metallic parts. The author carried out some simple geometry clean up in FEMAP.
Small surfaces and curves were removed. These small features have no effect on the part
geometry and are nuances from using Creo to generate the geometry. At this point, the structure

was ready to mesh.
4.3.2 Mesh, Material Properties, and Layups

FEMAP was used to mesh the surface and mesh size on the curve to set default mesh
sizes. This was done to generate a nice uniform mesh. The typical mesh size is 0.375 in. Cirrus’
standard is to use a mesh of 1.0” for large composite structures like the wing, fuselage, and
stabilizer. The author chose to use a more refined mesh as the flap is a smaller structure and
using this size mesh provides a nice uniform mesh with the flap geometry. For the initial mesh,
the author used FEMAP to automesh the surfaces with a standard “dummy” property as shown in
Figure 35. This was done to get a nice mesh, and then the properties were changed to match to

their final layups.
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Figure 35 - Initial Mesh with Dummy Property
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Once the structure was meshed, the mesh refinement was carried out in areas where the
author thought it would be necessary. This was done on around the hinge attach areas on the
inboard, middle and outboard ribs. These are the areas where the author expected stress
concentrations and large stress gradients. Once the mesh was refined, the author set the element
normals all in the same directions. The spar normals pointed forward, the ribs pointed outboard,
and the skins pointed inward. This was done because of the surfaces model toolside surfaces.
When using laminate properties in FEMAP, since offsets were used, this was a very important
step. The author then set the material directions for the elements; these directions are based on
the part directions. For the spar web and actuation rib, the material direction is positive outboard.
For the ribs, the material direction is positive forward. For the skins, the material direction is
positive forward.

The next step was setting the element properties to their final property. The author used
CQUAD4 and CTRIAS shell elements with PCOMP laminate properties for all composite parts,
except for the spar caps. These elements are triangular/quadrilateral, isoperimetric membrane-
bending elements. Laminate properties consider actual layups including materials, thicknesses
and fiber orientations for each ply. The toolside surface is set with the element orientation, and
the bottom surface offset is defined in the property. MAT8 orthotropic material definitions were
used for defining the fabric properties. The carbon properties used “notched and porous”
allowables. The core is considered an isotropic material and MAT1 material properties were used

to define the core.
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Fgure 36 - Spar Cap Beam Elements

For the spar caps, the author used PBEAM beam elements with cross sectional properties
based on a 1.25 in wide cap with the thickness calculated using the associated layup as shown in
Figure 36. Beam elements were connected between elements on the spar web. The cap material
is defined as an isotropic material (MAT1) with laminate modulus calculated using laminate
plate theory. Laminate plate theory (LPT) uses the calculated [A] matrix to calculate material
properties. The LPT method assumes that a layup is symmetric and balanced. The spar caps were
not symmetric and balanced layups. Experience has shown that for calculation of elastic
properties, this has a minimal effect on the properties. A balanced and symmetric layup is
required when using LPT to calculate allowable moments. When calculating forces and elastic
properties, it is not necessary to use a balance and symmetric layup. All certified composite
structures on the SF50 use LPT to calculate elastic properties even though caps are not
symmetric. The following equations were taken from Mallick, 2007.

Q1 = Uy + U, cos(26) + U; cos(46) (13)
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612 = U4 - U3 COS(4‘9)

Q,, = U; — U, cos(26) + U; cos(46)

— 1
Q16 = E UZ Sln(29) + U3 Sln(4‘9)

— 1
Q26 = EUZ Sln(ZH) - U3 Sln(40)
Qe6 = Us — U3 cos(40)

where

1
U, = §(3Q11 + 3Q2;2 + 203, + 4066)
1
U, = E(Qn - sz)
1
Us = §(Q11 + Q22 — 2Q12 — 4Qs6)
1
U, = g (Q11 + Q22 + 6Q12 — 4’066)

1
Us = E(U1 - U4)

And

E11

1—vip*vy

Q11 =

EZZ

1—vip*vy

Q11 =

Va1E1

Q2 =

1—vyy*xvy

Qe6 = G12

The [A] matrix is then calculated using:
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N
[Amn] = Z(émn)j(hj - hj—l) (28)
=1

where hj is the distance from the top of the ply in the summation to the midplane of the
layup and h;.1 is the distance from the bottom of the ply in the summation to the midplane
Then the elastic constants could be calculated:

— A11A22 - A%Z

29
Exx hAZZ ( )
A11A22 - A%Z
_ 30
Eyy hAll ( )
A12
Vyy = A_zz (31)
E

Vyx = E_xxvxy (32)

yy

A
Gry = % (33)

The solids were meshed using FEMAPs automesh function. The solids were meshed with
PSOLID CTERA tetrahedral elements with isotropic properties. These are four-sided
isoperimetric solid elements with four to ten grid points.

Fasteners are meshed with PBEAM beam elements attached at the center point of ridged
elements. The beam elements used to represent fasteners are released from rotation about the
elements central axis. Rigid elements were used to model the fastener interaction with the
structure. RBE2 elements were used for the rigid elements. The final mesh is shown in Figure

37. The layups, properties and associated FEMAP information is given in Table 16.
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Figure 37 - Final Flap Mesh
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Table 16 - FEMAP Model Properties

ID Property Name Element Type  Material Type Laminate Layup Core
1 Actuation Arm Solid Isotropic s e
2 IBHinge Solid Isotropic e e
3 Mid Hinge Solid Isotropic e e
4 OB Hinge Solid Isotropic s e
5 4PlyCored Spar Laminate Shell e e
6  TiFastener (1/4) Beam Isotropic s e
7  TiFastener (5/16) Beam Isotropic e e
8  Dummy Layup Laminate Shell Laminate [c] 0.125
9  #4 Monel Rivet Beam Isotropic e e
10 3PlyRib Laminate Shell Laminate [45/-45/45) -
11 4 Ply Cored Rib Laminate Shell Laminate [45/-45/c/-45/45] 0.125
12 4 Ply Cored Skin ~ Laminate Shell Laminate [45/-45/c/-45/45] 0.125
13 3 Ply Skin Laminate Shell Laminate [45/-45/45) -
14 4 Ply Skin Laminate Shell Laminate [45/-45/-45/45) -
15 5PIlyRib Laminate Shell Laminate [45/-45/45/-45/45) -
16 Spar Web Laminate Shell Laminate [0/45/c/-90/45] 0.250
17 5Ply Cored Rib Laminate Shell Laminate 45/-45/45/c/-45/45] 0.125
18 4 Ply Cored Rib Laminate Shell Laminate 45/-45/c/-45/45] 0.250
19 4PlyRib Laminate Shell Laminate [45/-45/-45/45] -
20 7PlyRib Laminate Shell Laminate [45/0/-45/90/45/0/-45] -
21 HPRIib Laminate Shell Laminate [45/-45/HP/-45/45] 0.125Ql
22 4 Ply Cored Rib Laminate Shell Laminate [45/-45/-45/45) -
23 6 Ply Cored Rib Laminate Shell Laminate [45/-45/45/c/45/-45/45] 0.125
24 8PlyRib Laminate Shell Laminate [45/0/-45/90/c/0/-45/90/45] 0.125
25 9PlyRib Laminate Shell Laminate [45/0/-45/90/45/c/0/-45/90/45]  0.125
26 1 Uni Spar Cap Beam Isotropic s e
27 2 Uni Spar Cap Beam Isotropic s e
28 3 Uni Spar Cap Beam Isotropic 0 s e
29 4 Uni Spar Cap Beam Isotropic s e
30 5 Uni Spar Cap Beam Isotropic s e
31 6 Uni Spar Cap Beam Isotropic 0 s e
32 7 Uni Spar Cap Beam Isotropic 0000 mememmeeeeee e
4.3.3 Loads

Loads were applied as a pressure load normal to the elemental faces. The PLOAD4

pressures were used in FEMAP. The loads were applied to the lower skin of the flap to create a

pressure map on the lower surface matching the definition in 14 CFR Part 23 Appendix A. The

magnitudes of the pressures varied linearly from the leading edge to the trailing edge. Load

derivation and application is detailed in Chapter 2.
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There are four load conditions considered, two limit and two ultimate. The ultimate load
conditions have the same pressure distributions as the limit, but the magnitude of the load case is
multiplied by a safety factor of 1.50. The two limit load conditions are “upward pressure
loading” and “downward pressure loading.” The upward pressure loading condition pushes the
lower flap skin upwards, and the downward pressure loading condition pulls the lower flap skin
downwards (see Figure 38). The downwards condition has the same pressure distribution as the
upwards condition but the magnitudes are 25% of the upward pressure loading condition, and the
direction is opposite.

For the upward pressure loading limit condition, the total applied shear is 2,679.23 Ibs,
the total applied hinge moment is 13,461.26 in*lbs and the total bending moment about the
inboard edge is 150,188 in*Ibs. The ultimate loads for the upward pressure loading condition are
1.50 times the limit case. For the downward pressure loading limit condition, the total applied
shear is 4,018.85 Ibs, the total applied torsion is 20,191.89 in*Ibs and the total bending moment
about the inboard edge is 225,279 in*Ibs. The ultimate loads for the downward pressure loading

condition are 1.50 times the limit case.

Figure 38 - Flap Model with Loads and Constraints Shown
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4.3.4 Constraints

There are four constraints used in the flap model: outboard hinge, middle hinge, inboard
hinge and actuation fitting. The three hinges have the same constraints applied. Translations are
constrained in all directions at nodes representing the wing side flap hinge. Beam elements are
connected from these nodes to the rigid element that attaches to the flap side hinge.

The actuation pushrod is constrained from translation and rotation in all directions at the
end representing the attachment to the actuation system. A beam element models the pushrod
and connects to the actuation fitting using two beam and two rigid elements. The beam at an

angle to the actuation fitting to represent the geometry at full flap deflection (42°) as shown in

Figure 39.

Figure 39 - Flap Deployed Geometry in FEMAP
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CHAPTER 5

STATIC ANALYSIS OF THE SF50 FLAP

5.1 Finite Element Analysis

Finite element analysis was the primary method for analysis of the flap. Using FEA
allowed for the layups of different parts and areas to be changed and the structure to be rapidly

analyzed. The FEA was used to evaluate the static strength and static stability of the flap.
5.1.1 Methods

FEMAP was used for post-processing the FEA results. The total translation and rotation
of the flap were analyzed using outputs 1 through 8 in FEMAP. Fasteners modeled using beam
elements were analyzed using outputs 152 through 154, which are the forces at each node of the
beam elements. The beams used to model the spar caps were analyzed using outputs 3195 (von
Mises Stress), 3446 (Max Stress), 3447 (Min Stress), 3946 (Max Strain), and 3947 (Min Strain).
The laminates were analyzed using outputs 6099 (Composite Max Failure Index), 7206 (Comp
Force Fy), 7207 (Comp Force Fy), 7208 (Comp Force Fyy), 7211 (Comp Bending Moment My),
7212 (Comp Bending Moment (My), and 7213 (Comp Bending Moment Myy). The laminate
running loads were used to analyze the laminate and bond stresses. Output 60031 (Solid von
Mises Stress) was used to analyze the solid metallic elements.

Elements near a fastener hole were ignored due to artificial stress concentrations. This is

created using rigid elements as means of attachment to the structure. Using rigid elements to
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connect to the structure is conservative and significantly reduces the model run time compared to
using solid elements with contacts. This is a widely-accepted standard in the structural analysis
community.

A linear static analysis was used to evaluate the two load conditions, upward pressure and
downward pressure loading, at both limit and ultimate loads. A linear buckling analysis was used
to evaluate the stability of the structure. The first five eigenvalues were calculated. Stresses and
strains were expected to be in the linear region for the composite materials and metallic
materials. After running the analysis, this assumption was proven to be mostly true. There were a
select few areas which loading exceeded limit stresses. The deflections and rotations were
relatively small, so load application was not affected by the deflecting structure. The author ran a
non-linear static analysis and compared the results to the linear static analysis. The linear static
analysis had critical ply failure indices that were about 28% higher than the non-linear static
analysis. Higher ply failure indices indicate that the linear static analysis is a conservative
analysis. The stresses in the solid elements were 11% higher in the linear static analysis, again
showing that the analysis is conservative.

The model has material properties which consider environmental conditions. Thus, no
environmental factor is needed in each margin since it is incorporated into the structure. The
material properties used conservatively consider notched and porous allowables for the worst

environmental conditions.
5.1.2 Results

The critical load case for all margins of safety was the upward pressure loading
condition. This is because the downward pressure loading condition is 25% of the magnitude and

in the opposite direction but applied to the same surface. This creates 25% of the shear flow
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through the structure. Thus, for all margins of safety, the critical load condition is the upward
pressure loading condition.

The critical ply failure occurred on element number 13,151 (approximately FLS2). The
critical ply failure index is 1.049 which gives a margin of safety of -0.02 as given in Table 17.
The critical margin occurs in a [45/-45/c/-45/45] layup. The running loads in the element are
<294.78, 284.68, -472.66, -17.451, -20.78, -12.521>. This element is near the drop-off of the
inboard rib hard point and the fasteners. Therefore, the stress is likely artificially high as its
showing a bearing stress. The element also has a high skew ratio which may contribute to the
high stress. Even though this element shows failure, the author does not think a layup change is
warranted. The margin is close enough to zero that considering all the conservativeness built into
the analysis, testing this structure as is will carry minimal risk. When certifying an aircraft
structure, the structure may be shown compliant by either analysis or testing. Successful testing
replaces all negative margins with the testing margin. Having the analysis is then only necessary
and beneficial for MRB purposes in production. The analysis shows that when considering un-
notched and non-porous material allowables, the element in question has a positive margin. Use
of these material allowables is accurate as around the area in question; the model has all holes;
notched and porous material allowables were conservatively used to ensure a margin for
production mistakes (MRB).

To figure out the critical ply, the laminate running loads were extracted from the laminate
and analyzed using a Cirrus proprietary analysis sheet. This sheet is based on laminate plate
theory which is described in 4.3.2 - Mesh, Material Properties, and Layups. The critical ply was

found to be the toolside 45° ply. When using un-notched and non-porous material allowables, the

margins of safety are all positive, and the minimum margin is +0.94.
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Table 17 - Ply Failure in the Critical Ply

Notched/Porous Un-Notched/Non-Porous

Ply Orientation  Failure Index  MS Failure Index MS
1 45 1.049 -0.02 0.266 +0.94
2 -45 0.564 +0.33 0.144 +1.64
Core 0 0.010 +9.00 0.010 +9.00
3 -45 0.189 +1.30 0.045 +3.71
4 45 0.252 +0.99 0.065 +2.92

The critical ply failure on the upper skin occurred on element number 7,893
(approximately FLS60). The critical ply failure index is 0.448 which gives a margin of safety of
+0.49. The critical margin occurs in a [45/-45/-45/45] layup and it is shown in Figure 40.

The critical ply failure on the lower skin occurred on element number 2,624
(approximately FLS 2). The critical ply failure index is 0.719 which gives a margin of safety of
+0.18. The critical margin occurs in a [45/-45/c/-45/45] layup.

The critical ply failure for the ribs, excluding the inboard occurred on element number
11,732 (approximately FLS 2). The critical ply failure index is 0.500 which gives a margin of

safety of +0.41. The critical margin occurs in a [45/-45/c/-45/45] layup.
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Figure 40 - Ultimate Up-Loading, FEA Max Ply Failur ex
Bond stresses were analyzed by extracting the running shear in elements near a bonded
joint, see Figure 41. The critical bond shear running load occurs in element 13,150 and is 622.04
Ibs/in. The bond flange has a 0.75” width giving a stress of 829 psi. The shear allowable for
Huntsman A/C is 990 psi which gives a margin of safety of +0.19. The spar bond flange (1.25”),
actuation rib bond flange (1.0”), the skin-to-skin bond and the remaining rib bond flanges all had

lower bond stresses than the critical bond as given above. If a bond were to fail, then the damage

tolerance analysis shows the structure can support limit loads for any failed bond.
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Figure 41 - Ultimate Up-Loading, FEA Bond Running Load

Deflections and rotations were analyzed and found to be insignificant for the static
conditions. The critical von Mises stress occurs on element number 123,030 as shown in Figure
42. This element is on the actuation fitting and has a predicted stress of 72,056 psi. This stress is
significantly higher than the ultimate tensile allowable for 7075-T7351 which is conservatively
62,000 psi. This results in a margin of safety of -0.14 at ultimate and +0.08 at the limit load.
Since the limit margin is positive, thus no permanent deformation will occur at limit load, and
the section is in bending, a less conservative plastic bending allowable is used. The plastic
bending allowable stress using the Cozzone method defined in Bruhn C.3 (Bruhn, 1973) is

calculated using:
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Foy=fmn+ folk—1) (34)
where k is the shape factor, fm is the yield stress of the material, and f, is the intercept
stress in Cozzone’s trapezoidal stress distribution. For a C-channel section, k is calculated using:

h 2
20 6h [btz(h —t)+t (7 - tZ) l (35)

k = —=

where b is the height of the channel, h is the width of the channel, t; is the thickness of
the channel web and tz is the thickness of the channel wall. For the cross-section at which the
critical stress occurs, the shape factor was calculated to be 1.23. For 7075-T7351 plate, f, is

calculated to be 96,750 psi using the method in McDonnel Aircraft Report 339, 1961

p=rl QBG4 GR)E) Gra] -] o

where ey’ is calculated to be 5.4% using:

L= &y — (37)

(38)

Thus, using Equation (34), the plastic bending allowable for the section was calculated to
be 84,250 psi. Thus, the resulting ultimate margin of safety when considering plastic bending is
+0.17. Permanent deformation under ultimate load will be expected but failure will not occur.
The margins of safety for the other hinges will all be positive without considering plastic

bending.
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Figure 42 - Ultimate Up-Loading, IEEA von Mises Stress
The first five eigenvalues were extracted from the buckling model. The five eigenvalues

are described in Table 18 .

Table 18 - Ultimate Eigenvalues

Mode Eigenvalue  Mode Description Reference Figure
1 1.0915 LE Skin Buckling, Mid IB Panel Figure 43
2 1.2004 LE Skin Buckling, Mid IB Panel, alternate mode Figure 44
3 1.4155 LE Skin Buckling, 1B Panel Figure 45
4 1.5086 LE Skin Buckling, IB Panel, alternate mode Figure 46
5 1.5236 TE Rib 10 Web Figure 47

The deflections of the buckled state for the first five Eigenvalues are given in the Figure
43-Figure 47. Like the static condition, the critical condition is upward pressure loading. The
eigenvalues for the upward pressure condition are all less than the first five Eigenvalues for the

downward pressure loading condition.
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Figure 43 - Up-Loading Eigenvalue #1

Figure 44 - Up-Loading Eigenvalue #2

Figure 45 - Up-Loading Eigenvalue #3

Figure 46 - Up-Loading Eigenvalue #4

Figure 47 - Up-Loading Eigenvalue #5
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As shown above, the stability margins for the flap are all positive with applicable

ultimate safety factors and environmental factors.

5.2 Classical Stress Analysis
5.1.1 Methods

Cap crippling, fastener bearing and fastener combined bending, shear and tension was
analyzed using conventional hand stress analysis. Cap crippling was analyzed using the method
given in MIL-HDBK-17-3F. Fastener loads were extracted from the FEA model. Results from

the FEA were used as the loads/inputs for the analysis.
5.1.2 Results

The cap crippling and combined fastener tension, shear and bending analysis require a

separate analysis than the FEA analysis.

5.1.2.1 Cap Crippling

Cap crippling is a common failure mode for composite structures. Crippling is a
compression failure of a free edge that results in loss of local stability and causes loss of load
carrying capability of the structure. The known quantities that are needed are the number of
unidirectional plies (nuni), number of 0/90 plies (ngo), and the number of -45/45 plies (nss). The
total thickness is then calculated using:

t = Ngolgg + Nyslas + Nynityn; (39)

Certain material properties calculated from the [A] matrix (Equation (28)) are needed.

These are Exx (Equation (29)), Eyy (Equation (30)), vxy (Equation (31)), and vyx (Equation (32)).

The [B] and [D] matrices are also needed and is calculated using:
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N
1 _
[Bounl =5 ) @) (1} = 2-1) (40)
j=1

1o -
D] =5 ) (@) (B = 1) (41
j=1

The final material values that are needed are the laminate allowable forces Nx and Nxc:

Ny = Aj1&xx + A128yy + A16Vxy T Byikyy + Blzkyy + Bl6kxy (42)
21* / 43
Nxc = F[ D11D22 + D12 + 2D66] ( )

These equations are given in HIL-HDBK-17-3F (Department of Defense, 2002).Where b is the
section width, kxx, Kyy and kxy are the mid plane curvatures. The tension and compression

allowables for the caps are then calculated using:

N
Ftu =_* (44)
t
N.
Foy = —= (45)
t
The effective modulus for the cap is then calculated using:
_ 12D
E = t_311 (1 — vxyvyx) (46)

The one edge free x-coefficient is calculated using the following equation. This is based on test

data.

—-0.7913
bE | F
f=0578 — |—=

tEx |\ JE<E,

(47)

The compressional stress allowable and strain allowable are then calculated using the following

equations:
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(48)

(49)

The crippling allowables for each of the layups were calculated and are summarized in Table 19

and Table 20.
Table 19 - Cap Crippling Allowable Calculations
Dy Ex B v v M Nixc Fu Feu E Fec o
(psi)  (psi) Y (lbdw) (Ibefin)  (psi)  (psi)  (psi) (psi)
1Uni 39 7.3E06 50E06 031 021 1285 1097 31817 27141 6.6E06 036 8748  1.20E-03
2Uni 70 86E06 46E06 031 0.16 1516 1317 32666 28381 8.0E06 0.39 10258 1.19E-03
3Uni 104 9.6E06 4.2E06 031 0.4 2001 1712 38179 32676 8.3E06 0.43 12189 1.27E-03
4Uni 154 10E07 3.9E06 031 0.2 2663 2246 45591 38459 8.9E06 0.44 14683 1.42E-03
5Uni 225 11E07 3.7E06 031 010 2953 2513 45852 39026 9.8E06 0.46 16113 1.46E-03
6Uni 299 12E07 3.4E06 0.31 009 3446 2911 48955 41352 1.0E07 050 17799 1.54E-03
7Uni 399 12E07 33E06 031 008 4092 3421 53565 44774 10E07 051 19926 1.66E-03
8Uni 526 12E07 3.1E06 031 008 4422 3718 53659 45120 1.1E07 053 21309 1.72E-03
Table 20 - Cap Crippling Results
Layup €cu FEA ¢ MS
[45/u/0/-45/90] 1.197E-03 0.00097 0.24
[45/u/0/-45/u/90] 1.194E-03 0.00091  0.32
[45/u/0/u/-45/u/90] 1.272E-03 0.00101 0.26
[45/uu/0/u/-45/u/90] 1.416E-03 0.00139  0.02
[45/uu/0/u/-45/uu/90] 1.463E-03 0.00142 0.03
[45/uu/0/uu/-45/uu/90] 1.542E-03 0.00151 0.02
[45/uuu/0/uu/-45/uu/90] 1.662E-03 0.00166 0.00
[45/uuu/0/uu/-45/uuu/90] 1.722E-03 0.00136 0.27

5.1.2.2 Fastener Loading, Shear, and Bending

To calculate the fastener margin of safety, the following method was used. First, the

plastic bending allowable was calculated using Cozzone’s method defined in Bruhn C.3. The

allowable stress is given by Equation (34) where k is the shape factor. For steel bolts, fm is equal
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to 160 ksi and f, is equal to 157.67 ksi. This gives a plastic bending allowable of 267.67 ksi. To

calculate the stress on the fastener, the shear and tensile stress are calculated using:

P .
Crom = a;cllal (50)
M,D
= 51
Op o] (51)
P.
Oen = S’:‘” (52)

Where M is the bending moment on the bolt and the area and moment of inertia are calculated

using:
A="pe 53
=3 (53)
1= L ps 54
=22 (54)

The bending, tension and shear portions of the margin are calculated using:

FF * O¢en

Rien = . (55)
R = FF * gy
b — Fby (56)
FF * ag,
RSh = F—S (57)
su
The fitting factor is 1.15 per §23.625. The final margin of safety is then calculated using:
1
MS -1 (58)

\/Rlzn + Rgen + Rszh
For most joints, the bending moment arm was considered the distance from the center of
one fastener hole to the center of the next fastener hole. However, this was too conservative for

certain joints and produced negative margins. For these joints, a less conservative approach was
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used. The necessary distance required to shear the reaction into the fitting. This was calculated
by using the following equation:

R

t =
O-bTuZ.o D

(59)

And the reaction was placed at a distance 0.5*t from the edge of the fitting. The critical
fastener for combined shear, bending and tension is inboard fastener number 5. This is a 0.25”
diameter NAS6704 fastener. The fastener has 116 Ibs of tension of and 1591 Ibs of shear. This
fastener has a margin of safety of -0.14 including a 1.15 fitting factor using the conservative
midplane method. The margin using the less conservative bearing distance method is +0.27

including a 1.15 fitting factor.
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CHAPTER 6

DAMAGE TOLERANCE ANALYSIS OF THE SF50 FLAP

6.1 Overview

Damage tolerance is a certification requirement per 14 CFR §23.573 which states that the
structure must be analyzed considering varying levels of damage and defects. This is done in two
parts: testing, and analysis. The scope of this thesis does not include testing the structure,
although if it did, the flap would be cyclically tested with different intentional defects and
damage. 14 CFR §23.573 states: “The applicant must evaluate the composite airframe structure,
the failure of which would result in catastrophic loss of the airplane, in each wing (including
canards, tandem wings, and winglets), empennage, their carry through and attaching structure,
moveable control surfaces and their attaching structure fuselage, and pressure cabin using the
damage-tolerance criteria prescribed in paragraphs (a)(1) through (a)(4) of this section unless
shown to be impractical. ” Since a flap is considered a high lift device and not a control surface,
damage tolerance analysis would not be required for the flap. However, the author still
performed all the necessary damage to evaluate the structures strength and durability when

subjected to different levels of damage.

6.2 Methods

In accordance with 14 CFR §23.573(a)(5), the limit load carrying capacity of the flap
with different disbonds was analyzed. Each bondline was disbonded in the flap and analyzed for
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limit static strength and limit buckling strength. In total, 94 different bondlines were considered.
The LE skin closeout bondlines were not considered since the design includes rivets capable of
carrying the entire limit bond load in the event of a disbond; this redundancy shows the
bondlines damage tolerant acceptable. The bondline between the actuation rib and TE rib 1 has a
similar feature as there are two bolts that hold the hinge to the ribs and these bolts can take the
entire joint load. Figure 48, Figure 49, and Figure 50 show the bondlines analyzed in the damage
tolerance portion of the analysis. Table 21, Table 22, Table 23, and Table 24 give the individual

bondlines that were considered and a brief description of that bondline.

Figure 48 - Upper Skin and Rib to Spar Disbonds

Figure 49 —Trailing Edge Skin Disbonds
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Figure 50 - Lower Skin Disbonds

The length of a bond line is considered the areas between design features, such as ribs or
fasteners, which typically prevent crack propagation. A “worst case” disbond is analyzed
considering the entire bondline has disbonded. A disbond requires an alternate load path in the
new configuration and reduces the stability of the structure as there is now a free edge. To
analyze these, a static and buckling analysis were performed for each disbond.

The purpose of modeling of the flap with a finite element model is to provide an
analytical prediction of the flaps’ structural integrity in the event of the disbonds. Disbonds have
been modeled by disconnecting adjacent elements at various bondline locations. This is done by
“unzipping” the mesh where the two parts are connected. The unzip command in FEMAP
creates two coincident nodes effectively creating a free edge. Rib and spar laminate elements are
selected as the primary surface which allows the skin laminate elements to remain connected.

This form of analysis is conservative as it allows the flap skin in the model to pass
through the internal members along the disbonded intersection. With the fully intact model, a

compressive support is still provided by the ribs and/or spar even if a disbond is present. Also,
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rib caps are not modeled. This reduces the stiffness of the ribs from what would exist in the real
world, thus conservatively predicting lower eigenvalues.

Another conservatism built into the analysis is the material allowables used; for the
analysis, the author used the worst environmental condition, porous and notched allowables. For
the structure, notched allowables were used because some small tooling holes were not modeled.
Porous allowables were used to ensure that the surface can tolerate manufacturing defects, which
is one of the requirements of the damage tolerance analysis. The porous allowables used to
account for a 20% knockdown which represents more than 10% surface porosity. When
performing the damage tolerance analysis, environmental knockdowns need to be taken but no

other knockdowns.
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Table 21 - TE Rib Bondlines

Location Bond Line Description
Upper Skin Aft Disbond between Upper Skin and Rib, Aft of Actuation Rib
Upper Skin Fwd Disbond between Upper Skin and Rib, Fwd of Actuation Rib
TERIib1 Lower Skin Aft Disbond between Lower Skin and Rib, Aft of Actuation Rib
Lower Skin Fwd Disbond between Lower Skin and Rib, Fwd of Actuation Rib
To Spar Web Disbond between Rib and Spar Web
Upper Skin Aft Disbond between Upper Skin and Rib, Aft of Actuation Rib
Upper Skin Fwd Disbond between Upper Skin and Rib, Fwd of Actuation Rib
TE Rib 2 Lower Sk!n Aft Disbond between Lower Sk!n and Rib, Aft of Actuatic_)n Rip
Lower Skin Fwd Disbond between Lower Skin and Rib, Fwd of Actuation Rib
To Spar Web Disbond between Rib and Spar Web
To Actuation Rib Disbond between Rib and Actuation Rib
Upper Skin Disbond between Upper Skin and Rib
TERib 3 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERIib 4 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERib5 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERib 6 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERib7 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERIib 8 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERIib 9 Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERib 10 | Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
Upper Skin Disbond between Upper Skin and Rib
TERib 11 | Lower Skin Disbond between Lower Skin and Rib
Spar Web Disbond between Rib and Spar Web
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Table 22 - LE Rib Bondlines

Location | Bond Line Description

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 1 Lower Skin. D!sbond between Lower Skin gnd Rib,.from spar web to closeout skin_

Closeout Skin | Dishond between Closeout Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 2 | Lower Skin Disbond between Lower Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 3 Lower Skin_ D!sbond between Lower Skin _and Rib,_from spar web to closeout skin_

Closeout Skin | Disbond between Closeout Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib4 | Lower Skin Disbond between Lower Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 5 Lower Skin_ D!sbond between Lower Skin _and Rib,_from spar web to closeout skin_

Closeout Skin | Dishond between Closeout Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 6 | Lower Skin Disbond between Lower Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 7 Lower Skin. D!sbond between Lower Skin _and Rib,_from spar web to closeout skin_

Closeout Skin | Disbond between Closeout Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin
LE Rib 8 | Lower Skin Disbond between Lower Skin and Rib, from spar web to closeout skin

Spar Web Disbond between Rib and Spar Web

Upper Skin Disbond between Upper Skin and Rib, from spar web to closeout skin

Lower Skin Disbond between Lower Skin and Rib, from spar web to closeout skin
LE Rib9 | Closeout Disbond between Closeout Skin and Rib, from spar web to closeout

Skin skin

Spar Web Disbond between Rib and Spar Web

Table 23 - TE Skin Aft Edge Bondlines
Location Bond Line Description
TE Aft Skin 1 | Upper to Lower Skin | Disbond between Upper and Lower Skin, From FLS2-FLS9
TE Aft Skin 2 | Upper to Lower Skin | Disbond between Upper and Lower Skin, From FLS9-FLS31
TE Aft Skin 3 | Upper to Lower Skin | Disbond between Upper and Lower Skin, From FLS31-FLS45
TE Aft Skin 4 | Upper to Lower Skin | Disbond between Upper and Lower Skin, From FLS45-FLS60
TE Aft Skin 5 | Upper to Lower Skin | Disbond between Upper and Lower Skin, From FLS60-FLS90
TE Aft Skin 6 | Upper to Lower Skin | Disbond between Upper and Lower Skin, From FLS90-
FLS117
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Table 24 — Spar to Skin Bondlines

Location Bond Line Description
Spar 1 Upper Ski_n Disbond between Upper Ski_n and Spar, Between FLS2 and FLS9
Lower Skin Disbond between Lower Skin and Spar, Between FLS2 and FLS9
Spar 2 Upper Ski_n Disbond between Upper Ski_n and Spar, Between FLS9 and FLS20
Lower Skin Disbond between Lower Skin and Spar, Between FLS9 and FLS20
Spar 3 Upper Ski_n Disbond between Upper Ski_n and Spar, Between FLS20 and FLS31
Lower Skin Disbond between Lower Skin and Spar, Between FLS20 and FLS31
Spar 4 Upper Ski_n D@sbond between Upper Ski_n and Spar, Between FLS31 and FLS45
Lower Skin Disbond between Lower Skin and Spar, Between FLS31 and FLS45
Spar 5 Upper Ski_n D!sbond between Upper Ski_n and Spar, Between FLS45 and FLS60
Lower Skin Disbond between Lower Skin and Spar, Between FLS45 and FLS60
Spar 6 Upper Ski_n D@sbond between Upper Ski_n and Spar, Between FLS60 and FLS75
Lower Skin Disbond between Lower Skin and Spar, Between FLS60 and FLS75
Spar 7 Upper Ski_n Disbond between Upper Ski_n and Spar, Between FLS75 and FLS90
Lower Skin Disbond between Lower Skin and Spar, Between FLS75 and FLS90
Spar 8 Upper Skin Disbond between Upper Skin and Spar, Between FLS90 and FLS104
Lower Skin Disbond between Lower Skin and Spar, Between FLS90 and FLS104
Spar 9 Upper Skin Disbond between Upper Skin and Spar, Between FLS104 and FLS117
Lower Skin Disbond between Lower Skin and Spar, Between FLS104 and FLS117

For the hinge fastener patterns, the most critical fastener from the nominal analysis was
removed and the pattern was re-analyzed. For the inboard hinge, the bolts that connect the
actuation arm to the rib were not considered. This is because, in the event of complete failure of
one of these fasteners, the flap would not be able to actuate due to the systems design of the
SF50. With only one fastener, the moment would not be able to be transferred into the flap, and
thus no rotation would occur. This is a safety requirement from 14 CFR §23.701(a). The SF50’s
systems protect against an asymmetrical flap deployment, which would be the result of losing

one fastener in this joint. Thus, the system satisfies the damage tolerance requirement.

6.3 Results

The three most critical disbond locations for static strength are: Trailing Edge Rib 1 to
Spar Web, Trailing Edge Rib 1 to Lower Skin, Forward of Actuation Rib, and Aft Edge 2. The

three most critical disbond locations for stability are Aft Edge 2, Trailing Edge Rib 6 to Spar
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Web and Aft Edge 3. The Aft Edge 2 bondline is the most critical bondline for both static
strength and stability. Numerical Results from the damage tolerance analysis is given in Table
25.

Certain results were ignored for buckling modes; there were certain modes that don’t
make sense and are a result of how Nastran analyzes composite materials. Near rigid fastener
attachments there is a stress concentration and Nastran predicts a buckling mode around these
holes. What is inaccurate is this mode shows a single node failure, which doesn’t happen. When
this happens, there are two solutions. The first is to ignore it and the second, extremely
conservative approach, is to remove the core from the model. The author chose not to remove the
core as the author would have had to add a significant number of plies, to match the stiffness

change, which would add too much weight. An example of one of these modes is shown in

Figure 51.
Figure 51 - Single Node Instability
Table 25 - Damage Tolerance Numerical Results
Bondline Failure Index 1 Ev. 2" Ev, 3YEv.  Reference Figure
Aft Edge 2 0.9911 1.0011 1.3005 1.5546 Figure 52
TE Rib 6 to Spar Web 0.4101 1.0454 1.1496 1.2068 Figure 53
Aft Edge 3 0.4044 1.2472 1.5679 1.7240 Figure 54
TE Rib 1 to Lower Skin 0.9652 1.1296 1.5507 1.6104 Figure 55
TE Rib 1 to Spar Web 0.9588 1.6136 1.7741 1.8574 Figure 56

83



The most critical bondline for both static strength and stability was Aft Edge 2. The
bondline location, static strength results (failure index contour) and the first three eigenvalues
with deflected shapes are shown in Figure 52. The resulting static strength margin of safety for

this disbond is +0.001, and the stability margin of safety for this disbond is +0.045.

Mode 1- Eigenvalue = 1.0011

Mode 2- Eigenvalue = 1.3005 Mode 3- Eigenvalue = 1,5546

Static

Figure 52 - Aft Edge 2 Damage Tolerance Results

The second most critical bondline for stability was TE Rib 6 to Spar Web. The bondline
location, static strength results (failure index contour) and the first three eigenvalues with
deflected shapes are shown in Figure 53. The resulting static strength margin of safety for this

disbond is +0.562, and the stability margin of safety for this disbond is +0.045.
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Mode 1- Eigenvalue = 1.0454

Mode 2- Eigenvalue = 1.1496 | Mode 3- Eigenvalue = 1.2068
|

o —
P 5

Figure 53 — TE 6 Rib to Spar Web Damage Tolerance Results

The third most critical bondline for stability was Aft Edge 3. The bondline location, static
strength results (failure index contour) and the first three eigenvalues with deflected shapes are
shown in Figure 54. The resulting static strength margin of safety for this disbond is +0.573, and

the stability margin of safety for this disbond is +0.247.
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Mode 1- Eigenvalue = 1.2472

Mode 2- Eigenvalue = 1.5678 Mode 3- Eigenvalue = 1.7240

Static

Figure 54 - Aft Edge 3 Damage Tolerance Results

The second most critical bondline for static strength was TE Rib 1 to Lower Skin. The
bondline location, static strength results (failure index contour) and the first three eigenvalues
with deflected shapes are shown in Figure 55. The resulting static strength margin of safety for

this disbond is +0.018, and the stability margin of safety for this disbond is +0.130.

86



Mode 1- Eigenvalue = 1.1296

Mode 2- Eigenvalue = 1.5507 Mode 3- Eigenvalue = 1.6104
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Figure 55 - TE 1 Rib to Lower Skin Damage Tolerance Results

The third most critical bondline for static strength was TE Rib 1 to Spar Web. The
bondline location, static strength results (failure index contour) and the first three eigenvalues
with deflected shapes are shown in Figure 56. The resulting static strength margin of safety for

this disbond is +0.021, and the stability margin of safety for this disbond is +0.614.
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Mode 1- Eigenvalue = 1.6136

°

Mode 2- Eigenvalue = 1.7741 Mode 3- Eigenvalue = 1.8574

Static

Figure 56 — TE Rib 1 to Spar Web Damage Tolerance Results

The beam elements representing the critical fasteners in each hinge were removed and the
model was statically analyzed. The inboard hinge-actuation hinge joint was left intact even
though this would be the critical joint. This is because the joint is identified as critical and would
be considered a single point failure. Single point failures are acceptable in structures but the use
of them is ideally minimal. The remaining fasteners were analyzed for combined bending, shear
and tension.

The critical fastener for combined shear, bending and tension is inboard fastener number
4. This is a 0.25” diameter NAS6704 fastener. The fastener has 1,282 Ibs of tension and 1,143
Ibs of shear. This fastener has a margin of safety of +0.19 including a 1.15 fitting factor using the

conservative midplane method.

88



CHAPTER 7

CONCLUSION

Switching from an aluminum sheet metal flap to a carbon fiber composite flap for the
SF50 aircraft has the potential to save 5.30 Ibs per aircraft. This is a significant percentage of the
existing flaps weight. The carbon fiber composite flap also has the potential to save on
manufacturing costs. The design and analysis presented in this thesis shows that the design is
certifiable using 14 CFR Part 23 for static strength and damage tolerance. HIRF and Lightning
certification will need to be considered in the final design.

The design and analysis will be presented to leadership at Cirrus and they will decide the
future of this project. This will require a full conforming project including a formal stress report,
static test plan and report, damage tolerance analysis report, and cyclic test plan and report. The
author estimates that the earliest the composite flap may go into production is summer of 2018.
Estimated project and manufacturing cost is currently unknown. Cirrus will determine this cost
and use this in a factor when deciding whether or not to complete the project.

If this becomes a project that Cirrus completes, the Author recommends investigation if 3
ply solid laminate configurations are manufactural. This has the potential to save some weight in
areas where a 4 ply layup was used since this is what the author believes is the minimum
manufacturable layup. The author also suggests that a sensitivity study is completed on the

inboard rib area near all the fastener holes. The author believes the mesh is refined enough since
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it is half the size of the company standard mesh although a more refined mesh will better predict

the stress concentrations near the fastener holes.
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APPENDIX

This section lists the material properties of the materials used considering different
environmental conditions. Values were taken directly from the sources given below the

following tables.
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A. List of All Material Allowables

Table 26- Material Allowables for T700SC-12K-50C/#2510 Plain Weave Fabric

CTD RTD ETD ETW Minimum Notched

B-Basis  Mean | B-Basis Mean | B-Basis Mean | B-Basis Mean | B-Basis Mean | B-Basis  Mean
F (ksi) 107.023 116.499 | 122.952  132.28 | 130.086 139.957 | 141.432 152.164 | 107.023 116.499 | 53.5115 58.2495
E (Msi) 8.286 8.088 8.108 ---- 8.395 e 8.088 e 8.088
V12! 0.085 0.042 0.037 0.029 0.029 0.029
FoU (ksi)  89.462  104.805 | 97.755  111.966 | 105.575 120.923 | 112.988 129.414 | 89.462 104.805 | 44.731 52.4025
E2 (Msi) 8.173 7.913 7.893 ---- 7.866 e 7.866 e 7.866
F (ksi)  90.159 108.772 | 87.543  102.794 | 82.034 96.326 | 58.654 68.872 | 58.654  68.872 29.327  34.436
E:° (Msi) 7.943 7.969 8.082 ---- 7.94 ---- 7.94 - 7.94
Fo  (ksi) 94.788 107.598 | 90.806  101.259 | 83.982 9365 | 62.263 69.43 | 62.263 69.43 | 31.1315 34.715
Ef  (Msi) - 7.066 7.741 7.679 7.932 7.066 7.066
Fio™  (ksi)  20.935 22.465 18.093 19.228 14495 15404 | 10.177 10.815 | 10.177 10.815 10.177  10.815
G  (Msi) 0.623 0.611 0.517 ---- 0.46 - 0.46 -—-- 0.46
Fiz™  (ksi) 8.023 8.693 8.023 8.693 8.023 8.693

(Tomblin, A-Basis and B-Basis Design Allowables for Epoxy - Based Prepreg Fabric TORAY T700SC-12K-50C/2510 Plain Weave Fabric, 2010)
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Table 27- Material Allowables for T700GC-12K-31E.#2510 Unidirectional Tape

CTD RTD ETD ETW Minimum Notched

B-Basis Mean | B-Basis Mean | B-Basis Mean | B-Basis Mean | B-Basis Mean | B-Basis  Mean
Fi  (ksi) | 216.021 243.955 | 277.268 315.086 | 281.634 320.048 | 288.42 327.759 | 216.021 243.955 | 108.0105 121.978
Eit  (Msi) 18.529 18.209 17.812 ---- 17.745 ---- 17.745 - 17.745
V1o 0.35 0.309 0.309 0.323 0.309 0.309
F (ksi) | 6.389 7.683 6.207 7.086 5.488 6.415 3.201 3.757 3.291 3.757 1.6455  1.8785
E'  (Msi) 1.313 1.219 1.083 ---- 0.92 e 0.92 men 0.92
Fi*  (ksi) | 175.305 202.546 | 185.786 210.272 | 180.73 204.549 | 154.388 174.041 | 154.388 174.041 | 77.194 87.0205
E:®  (Msi) 16.512 16.284 17.188 ---- 16.916 ---- 16.284 ---- 16.284
F*  (ksi) | 36.594 40.964 | 26.149 28.814 | 19.443 21.425 | 15324 16.886 | 15.324 16.886 7.662 8.443
Ex*  (Msi) 2.043 1.471 1.231 ---- 1.153 ---- 1.153 ---- 1.153
Fio™ (ksi) | 21.546 23.136 | 21.106 22.443 | 17.501 18.61 12,988 13.811 | 12.988 13.811 12988  13.811
G® (Msi) 0.757 0.613 0.509 ---- 0.453 e 0.453 -—-- 0.453
Fig™  (ksi) 11.142  12.489 - -—-- 11.142  12.489 11.142 12.489

(Tomblin, A-Basis and B-Basis Design Allowables for Epoxy - Based Prepreg TORAY Zt700GC-12K-31E/#2510 Unidirectional Tape, 2002)
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Table 28- Material Allowables for 7781/#2510 8 Harness Fiberglas Fabric

CTD RTD ETD ETW Minimum Notched

B-Basis Mean | B-Basis Mean Bgsis Mean | B-Basis Mean | B-Basis Mean | B-Basis Mean
F.“  (ksi) | 75.315 81.053 | 60.207 64.145 | 60.934 64.919 | 60.934 49.299 | 60.207 49.299 | 30.103 24.649
Eit  (Msi) 3.696 - 3.424 3.323 - 3.149 - 3.149 -—-- 3.149
Vit 0.163 -—-- 0.14 0.128 -—-- 0.115 -—-- 0.115 -—-- 0.115
F (ksi) 57.88 62.778 | 46.976 50.385| 50.838 54.527 | 50.838 42.358 | 46.976 42.358 | 23.488 21.179
El  (Msi) 3.517 m——- 3.299 3.146 e 2.927 --- 2.927 - 2.927
F*  (ksi) | 78.767 88.358 | 69.051 76.225 | 57.114 63.047 | 57.114 50.915| 57.114 50.915 | 28.557 25.457
E:f  (Msi) 3.866 - 3.823 3.819 --- 3.52 --- 3.52 - 3.52
F* (ksi) | 71.737 78.791 | 60.361 65.437 | 49.431 53.588 | 49.431 43.063 | 49.431 43.063 | 24.715 21.531
Ex*  (Msi) 3.688 -—-- 3.613 3.57 -—-- 3.371 -—-- 3.371 -—=- 3.371
Fio™  (ksi) 21.87 23.739| 17.187 18.446| 143 15.348 143 11.649 143 11.649 143 11.649
G® (Msi) 0.72 -—-- 0.634 0.538 ---- 0.457 ---- 0.457 -—-- 0.457
Fis™  (ksi) 7.564 8.712 ---- -—-- 7.564 8.712 7.564 8.712

(Tomblin, A-Basis and B-Basis Design Allowables for Epoxy - Based Prepreg Fabric TORAY 7781 Finish 558/#2510 Fiberglass Fabric, 2002)
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Table 29- Material Allowables for Divinycell HT61 Foam Core

Minimum  Mean
Fuu (psi) 218 261
Feu (psi) 123 145
Fsu (psi) 109 131
Ec (ksi) 8.412 11.6
G (ksi) 2.611 2.9
p ("inng) 0.00237

(Diab Group, 2016)

Table 30- Material Allowables for Huntsman 100A/C

Temp Value

77°F 4400

_ 200°F 3600

Fa  (psi) 300°F 2200
350°F 990

Fu (psi) 77°F 7300

Tpeel (Ibf/ln === 4968
E (ksi) 430

Foend (pSI) ---- 12100

Ebend (kSI) == 3026

Feu (psi) 77°F 12200
77°F 142

. " 140°F  119.6
(ksi) 194°F 91.9
284°F 23

(Huntsman, 2015)
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